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PREFACE

In !972 an AGARD-VKI Lecture Series was held on “Aircraft Performance Prediction
Methods and Optimization” (AGARD LS-56), which concentrated mainly on the prediction
of aircraft range/radius, airfield and manoeuvre performance; acro-dynamic aspects were
reviewed only briefly in the time then available. The Fluid Dynamics Panel of AGARD
therefore recommended a complementary Lecture Series on “Prediction Methods for
Aircraft Aerodynamic Characteristics”. This LS-67 has again been co-sponsored by the
Fluid Dynamics Panel and the von Karman Institute for Fluid Dynamics, and implemented
by the Consultant and Exchange Programme of AGARD together with VKI. Professor John
Sandford, the VKI Coordinator, warrants special mention for his technical assistance and
local organisation of the Short Course, held at the VKi from 13 to 17 May, 1974,

The aim here is to provide primarily an up-to-date account and authoritative appraisal
of methods of prediction of aerodynamic characteristics for both combzt and transport
aircraft (excluding rotorcraft), over conditions ranging from low speeds (CTOL, RTOL,
STOL) through subsonic/transonic to supersonic speeds (climb, cruise, manoeuvre, descent).
Aircraft lift and drag estimation methods are analysed along with related acrodynamic
optimisation techniques, taking into account practical methods for wing/body aerodynamic
design and boundary-layer flow treatments. The prediction and implications of special
aerodynamic characteristics associated with engine installation and external store effects are
examined, relevant stability/control needs are reviewed, and some aircraft noise restraints on
aerodynamic design are noted.

The nine main lecturers in particular deserve much appreciation for thcir extensive
efforts and cooperation, in providing such valuable studies and preparirg such comprehen-
sive lecture notes for advance publication. Finally, our acknowledgements are due to the
official and private organisations through whose help and courtesy it was possible to offer
appropriate technical experts as lecturers.

John Williams
Lecture Series Director

December 1973
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GENERAL TECHNICAL INTRODUCTION
by

JOHN WILLIAMS
(Lecture Series Director)

1 CRIGIN AND PURPJISE OF LECTURE SERJIES 6

In April 1972, I had the privilege and pleasure of being Technical Director of the AGARD-VII Lecture
Series entitled

"Aircraft Performance - Prediction Methods and Optimisation®;
Also subsequently of editing the lecture notes provided by the authors together with some additional
'seminar? contributions, for publication as AGARD 1LS-56 (March 1973).

The formulation and assessmeat Of methods for the prediction and optimisation of the mission flight
capabilities for both combat and transport aircraft, assuming known aircraft characteristics, were
presented in the first three papers of LS-561-

(1) Range and Radius-of-Action Performance. (R K Page, MOD(PE}/UK)

(2) Airfield Performance (J Williams, RAE/UK)

(3) Flight Manoeuvre and Climb Performance (H Friedel, Dornier/Germany).
Related engine performance aspects and aircraft design synthesis considerations were then covered by two
complementary papersi-

(4) Engine Selection (J F Dugan, NASA/USA)

(5) Parametric and Optimisation Techniques (R E Wallace, Boeings/USA)

However, as regards methods for the estimation of airframe aerodynamic characteristics, the time then

available permitted only brief mention of some of the problem areas in the alove five papers, supplemented
by a review of some fundamental aspects in a special paper:-

(6) Aerodynamic Ccufficients (C Lievens, STAe/France)

Consequently, AGARD-VKI agreed to arrangs the present Lecture Series €7 (May 1974), devoted to methods
for the prediction and optimisation of aerodynamic characteristics for the estimatior and evaluation of
the flight performaace of combat and transport aircraft. The treatments given are primarily illustrated
in terms of the following applications:-

Combat and Transport aircraft types with turbo-jet or turbo-fan engines;
CTOL, RTOL ard STOL nodes of airfield operatieom;

Transit Operational Conditions relating to climb, cruise, manoeuvre, loiter and descent relevant
to typical combat or transport missions;

Airspeeds ranging from low to high subsonic and through transoni¢ to supersonic, as appropriate.

Naturally, much of the technical background is also of consideraole interest fur aircraft outside the
foregoing spectrum, either with other modes of propulsion (eg propellers/rotors, rocket), or with other

modes of operation (eg VIOL, Hypersonit cruise), though any airframe characteristics particular to such
modes are not dealt with specifically here.

The major targets of the present lecture series might reasonably be summarised as follows, with specia’
reference of course to aircraft aerodynamic characteristics.

(i) To critically review available predictior/optimisation methods and associated aerodynamic data,
particularly with a view to clarifying recent aerodynamic advances.

(ii) To formulate more comprehensive frameworks for the analysis and synthesis of aerodynamic data,
so that the latter can be more veudily apjreciated and more readily applied for aircraft design
purposes.

(iii) To assess the major deficiencies in the state of knowledge on aerodymamic characteristics, and
to suggest appropriate aerodynamic research and development studies bearing in mind possible future
aircraft requirements.

(iv) To indicate the most profitable steps towards complementary systematic utilisation of and
further improvement 0f theoretical treatments, ground-based testing facilities and flight-testing
tachniques for the reliable prediction of aircraft aerodynamic characteristics.

Obviously, it would be unrealistic for us to claim that any of these goals could be achieved to our
satisfaction by this lecture series alone. However, I hope that these published papers, together with the
supplementary contributions and seminar discussions, will provide a reasonably comprehensive basis,

stimulate further evaluation of many of the issues raised, and encourage useful exchanges of relevant
information and ideas.

TS =
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Apert from the problems arising due to limitations of aerodynamic knowledge, as will be discussed in
later papers, the aircraft engineer is continually faced with enormous difficulties in predicting and
guaranteeing the aerodynamic characteristicc of new projects to the definition levels and time-scales
demanded, and of course in specifying optimum aircraft configurations. His problems are usually aggra-
vated by a variety of complementary factors over which he may not have direct control. For example:-

! (i) Estimates of performance, for conventional configurations at least, are usually expectel to be
E given to much highsr levels ¢ accuracy and confidence than previously, to reduce any shortfall in
ultimate aircraft performance and minimise development costs.

i (ii) Improvements in aircraft performance or mission effectiveness are invariably required, often |
= with reduced or only small increase in operational costs, to ensure aircraft competitiveness on
entry into service aand throughout subsequent developments.

(iii) There is often a tendency towards introducing a wider range of speed/altitude requirements
for greater mission effectiveness or flexability; thus the aircraft design cannot be biased so
heavily towards one or two predominant aerodynamic conditions, or estimations for off-design
conditions allowing extensive flow separations Or/lnd severe shocks become important.

(iv) Frou time-to-time, new engine/airh'me concepts hare to be explored and optimised, simul=-
taneously taking into account possible new operational capabilities and novel aircraft control
techniques., Here, the possible significant errors in accuracy of prediction need to be well
appreciated, particularly for comparative assessments vith competitive conventional designs.

(v) Leglislation beccmes steadily more severe and complex towards ensuring greater environmental
improvements (safety, noise, etc) which can apply extra coastraints or imply extra guarantees. °

(vi) The interplay between an increasingly large number of design parameters and diverse performance
requirements necessitates careful and wide-ranging aerodynamic studies, not o1ly with a view to
optimisation for operational cost effectiveness, but also in order to assess sensitivities to
possible later deviations in practice from the original technical assumptions and the missicn
specification.

e | (vii) Production demands for simplified aircraf: componert shapes usually lead to complex airflow
E- | conditions at some part of the mission. Also the provision of acceptable airflow cunditions over
the mission usually requires complex tailoring of the aircraft configurations or sometimes more
complex variable geometry, eg variable sweep as well as leading~edge and trailing-edge devices.

. (viii) It is invariably assum=d that engine development Oor a nev generation of engines can be relied
: | on to provide significant improvements in aircraft performance. But these have to be ensured wvhen

< the engine is integrated in the airframe - without unacceptable conflicting penalties on either the
). engine or airframe performance characteristics. In some cases variable geometry of the engine exits
i and/or intakes will be essential.

3 This list does not represent more than a few of the general constraints and needs of project studies, but
E it is important that their existeuce and nature should be appreciated by the research worker desiring
v vractical application of his results, not merely by those directly engaged on specific project estimates.

% 3 PROJECT STAGES AND PRERICTION METHODS

4 The aerodynaric prediction and design capabilities which can be exploited for aircraft project work will
; vary widely, according to the evolutionary or revolutionary nature of the particular aircraft project.

: For example, there will obviously be great differences in R & D time-scales and efforts required to

' produce reliable estimutes for sircraft withi-

an unconventional layout based on relatively new cencepts and relying on substantial applications of
4 new advanced technology, $O as to ensure an outstanding step forward in operational capability;

as compared with

a more conventional layout and the employment of well-tried component design techniques, towards

producing more quickly a more straightforvard replacement aircraft with worthwhile but smaller

advantages; or perhaps making use of advances in design technology ornly when improvements in

overall economics rather than flight performance could be guaranteed. N

Practical methods for the prediction of aerodynamic characteristics often need to utilise simple analytical
frameworks based on good aerodynamic understanding. - These frameworks lead to formulae incorporating
logical empirical factors, whose values are derived by correlation of available experimental data from
model and full-scale tests, and by interpretation of comprehensive theoretical treatments and computations

1 for more idealised or special cases. Early on in the project studies, ab-initio predictions without

3 special confirmatory experiments may have to be attempted. However, some experimental data (force

! measurements and corresponding flow condi tions) should be made availadble as soon as possible on models
partly representative of the configuraticn for whi. h predictions have to be made. Then, the analytical
framevork and the associated formulae can be adjus.ed to fit the experimental results, taking into account
differences between model and full-scale, in test configurations and in possidble flow conditions. The
importance ot assessing possidle aerodynakic prediction errors throughout, and of appreciating the
possible sensitivity of aircraft performance estimates to these, cannot be ovaremphasised. Sucr aspects
will be raised as appropriate in the subsequént papers.
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The levels of sophistication and reliability of the prediction methodology needed will vary significantly
also according to tbe stages reached ii the development of the particular aircraft project and in the
asnociated military or civil requirements. For preciseness, I shall refer here only to a few technical
design stages and conveniently related milestones; the choice and nomenclature should be regarded simply
as a personal preference for the present discussion.

First, a Feasibility Stage or exploratory design study period can follow directly as a response to an
outline operational requirement and market appraisal, all of which should be accompanied or even preceded
by an assessment of the status of relevant technology. Quick approximate estimates, for a range of sketch-
designs of the aircnaft and ofter. for wide-ranging parametric studies are primarily needed during the
feasibility stage. Sometimes, generalised aerodynamic data from somewhat similar configurations may be
available, or some crude models may be tested jquickly. Nevertheless, even at this stage, as later,
progress towards a systematic and consistent approach for prediction should be attempted, which could be
incorporated early on into computer programs for aircraft design and optimisation. Also feasible
aerodynamic targets and realistic contingency limits will need to be declared, for a variety of alterna=-
tive designs, including comparisons of possible developments of existing aircraft as well as completely
nev types. '

The results of such feasibility studies need to include not only comparison of technical solutions to
meat the outline operational requirement and some variations, but also indications of relative time-
scales and costs. Thereby, the relative cost-effectiveness of alternative proposals can be a2ssessed, to
allov a full and relatively-firm version of the operational requirement to be formulated and issued by
the appropriate customer.

A Project Definition Stage can follow next, for detailed engineering studies on one or two projected
aircraft types, whose main features have been agreed between the customer and the contractor against a
full operational requirement. These definitive project studies must examine in depth tbe vital charac-
teristics and technical problems of the aircraft design, so as to reach a complete aircraft specification
and provide detailed statements on performance, development and production time-scales, and costs. Thus,
during tkis project definition stage, all the major aerodynamic characteristics must be thoroughly
investigated and any problems shown to be tractable vithin the allowable time-scale and costs. The perfor-
mance estimates must be concinually refined and updated, taking due accouat of the possible occurrence
(or control) of degradations associated with practical aircraft design needs and with expected manufac-
turing standards. This process of thorough technical validation and carefully cnnsidered modifications
requires intensive R & D work on selected main aspects, using models generally representative of the
preferred designs for both experimental and theoretical investigations. In particula:, areas of doubt
in the analytical frameworks and in the formulae for the prediction of the aerodynamic characteristics
must be clarified and quantified, or removed, vhile specific estimates must be substantiated for the
performance of the aircraft major components and for the definitive aircraft as a whole.

Such project definition studies should enable & .ractical compromise to be decided on which is a near-
optimum but retains some flexibility, and a formal specification for the aircraft to be agreed, bearing
in mind also any further operational and market developments wilch nidve arisen in tne meantime. Tne go-
ahead for pre-production engineering development, at least as far as construction of the prototype batch,
may then be given; preferably vith minimum risk as regards unforeseen changes in the operational require-
ment, $O as to preclude unaccounted delays and any major cost increases not associated with the original
technical specification.

During the Engineering Development Stage even more representative model studies shculd be undertaken,
especially wvith a view to checks against the flight experiments on the prototype aircraft; so as to
ensure early rectification of any design defects and thereby expedite the final tailoring at full-scale,
to meet or even surpass guarsnteed performance nredictions over the whole flight envelope., Towards the
end of this stage, at least, improved analytical frameworks and prediction formulae should be derived on
the light of the vhole R & D work to date. These should be collocated to the measured prototype perfor-
mance at carefully-selected and well-understood test conditions, with due allowance for possible errors
in the measured test data. Estimates of mean performances and tolerances for the production aircraft
will nov have to be declared, aking into account the expected standards of production quality control.
Moreover, from the § & T exper.emce gained, the project staff should have beguu already to attempt
confident predictions of worthwhile improvements for later production batches, and to explore possibili-
ties for future aircraft development; naturally, taking advantage alsc of the results from the flight
certification and <learance trials when available.

4 TECHNICAL SCOPE

The Individual topics of this lecture series, or predictiom methnds fap aircraft aerodymamic chararteris-
tics, could have been selected in a variety of ways and the choice provided an interestiny mental exercise
at the start. The present arrangement seemed to offer a logical aerodynamic choice to cover reasonably
the flight speed range and operational modes for both transport and combat aircraft. Additionally, it
facilitated early agreement by some official and industrial establishments within NATO to provide
acknowledged experts, not only with up-to-date special knowledge of their selected topic, but also with
considerable interest and experience in some of the others. This should prove an oxtra asset for the two
nalfeday discussion seminars arranged towards the middle and end of the veek of lecture presentations.
Indeed, we should express our appreciation to AGARD-VKI and to the contributing technical organisations,
for meeting the demand to have eight appropriate lecturers attend from Europe and three from America.

The first pair of Lectures A(L.Z’ and L.}). directly following this introduction, are complementary in

considering the prediction of aircraft aerodynamic characteristics at lov flight speeds, relating primarily
to airfield performance for CTOL, RTOL and STOL operation. For convenience of presentation, the individual
leztures are divided as follovsi-

(L.2) Low Speed with Mechanical High-7 °t Devices (J G Callaghan, Douglas/USA)




(L.3) Low Speed with Powered Lift Systems (D N Foster, RAE/UX)

Some appreciation is needed at the outset of the most predominant aerodynamic coefficients, along with the
significant levels of accuracy of prediction and production targets, in relation to the airfield perfor-
mance capabilities required; see AGARD LS-56, Paper 2. This can be illustrated quickly though qualita-
tively from typicali first-order relations, here excluding thrust deflection considerations for simplicity,
for some specific airfield performance capabilities such as the Take-off distance STO' Climb-out angle Y'I’O'
Landing distance SL' and Approach speed V'.\.

Thuss-
Swg *® Fpg * (¥/s) .« (w/T) . (1/cLu);
Yoo = (7/4) - (Cpfep)s
v, =K, . (w/s)% . (1/cLu)‘l’;
s, =K . (w/s) . (1/cLu).

The values of the factors X can vary according to the class of aircraft {transport or combat), their
mode of operation (CTOI/H'IOL or STOL) and the particular airfield environment; while of course the
installed thrust/weight ratio (T/4) and wing loading (W/S) will vary from aircraft to aircraft.

However, the sensitivities of airfield performance capabilities, to the 'trimmed’ aircraft values of the
appropriate usable lift coefficient Cx.u (with adequate safety margins) and of the appropriate attainable

lift/drag ratio CL/CD' are clearly important. For example, prediction errors (eg overestimation) of the

values of these aerodynamic coefficients can lead to 'proportional’! errors (eg degradation) of the
corresponding airfield performance capabilities in practice; or, alternatively, if the airfield perfor-
mance has to be achieved without further aircraft medification, then the allowable aircraft weights and
hence disposable loads are modified (eg reduced). The aircraft lift and drag coefficients at low speeds
can also have much wider implications, as discussed later; eg in respect of possible reduction of aircraft
noise annoyance, and for search/rescue/loiter capabilities.

The second pair of lectures {L.g and L.§) are concerned primarily with the prediction of aircraft aero-

dynamic characteristics for typical transit condit.ons at either subsonic or supersonic flight speeds.
(L.4) Subsonic Speed ~ (G M Bowes, Boeinge, USA)
(L.5) Supersonic Speed - {C S Le;man and T Markham, BAC/Uk)

As previously, the significance of predominant aerodynanic coefficients in respect of relevant flight
performance capabilities can again be illustrated quickly, though only qualitatively, by inspection of
*proportional’ changes given by some simple first-order relations; AGARD LS=56 (Papers 1 and 3) gives
more elaborate formulae, For example, the Range factor dR/dV and the Endurance factor dt/d‘vl y i1e the
instantaneous rates of increase in still-air range R and ensurance t with use of fuel weight UF' are
simplyt=

(@r/ad,) = (1/4) « (V/e) - (e /c)),
(dt/dVF) = (1/V) . (/e) . (cL/cD);

in steady level flight at aircraft weight W, airspeed V, and thrust specific fuel consumption ¢. More-
over, especially for combat aircraft, there is a need to estimate and optimize the Specific Excess Power
or the instantaneous rate of increase of energy height [h + (V2/2g)] with time. As a first approximation:-

aln + v¥/20))/at x V [(1/9) - (6/c))]

Also, the attainable normal acceleratfon capability ng in steady horizontal turns can be given
(without thrust limitation) bys:-

n= (Tp/2) . . (s/) . Crut

vhere lere cLu must be limited to ensure ar adecuate buffet margin at Mach number M ano atmosoheric
pressure-height p.

For these and many other relevant flicht performance capabilities, particular flight conditions may be
prescribed (eg Mach numbter, altitude and temperature ) or flight profile optimization may be sought subject
to certain limiting constraints. However, from such simple relations, the justification for improvements
in and accurate predictions of at least CL/:D' CL“ and CD under relevant aircraft performance conditions
can again be broadly argued. I envisuge that the subsequent Lecturers will comment on and illustrate
typical practizal aspects, more specifically and in more depth with respect to their own particular topics.

It is important to recall at this stage that aercdynamic lift and drag predictions for practical aircraft
cannot usually be divorced from examination >f other aerodynamic characteristics; such as those associated
with stability and control, engine installation and external stores, as will be discussed in later lectures.
Hore gererally, other aircraft design disciplines also cannot be ignored; such as those associated with
aeroelasticity, airworthiness, weight, complexity, overall cost-effectiveness and time-scales for develop-
ment., For example, two of the classiczl 'Bétes noires! of project cdevelopment are excess drag and weight
growth, which in many respects can prove interdependent and of course are frequently subject to snowball
(boul e=de-neige) effects.

i
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The third pair of Lectures ‘L.G ard L.Z) reviev in detail aerodynamic flo. predicticn a\ rubyenic fligkt

speeds, including consideration of conditions vhere local transonic flows san occuwr On tie airfrewe
surfacest=

(L.§) Wing Aerodynamic Design Methods = (W Loeve, NLR/Netherlands)
(L.7) Boundzry-layer Calculation Methods - (J Steinheuer, DFVLR/Germany)

As regards supersonic flight speeds, it should be noted that relevant methods for viag aerodymanic damsign
and drag estimation are discussed in the earlier lecture L.5 by Leyman and Markham. The putentizlities
and limitations of the treatments reviewed in relation to flight at either substonic or supersupic speeda
should be well worth appreciation by aerodynamicists concerned with project development, as ve’’ ss those
interested primarily in research.

The final trio of published lectures (L.8; L.9, l..10) are devoted to three specinl topics, eacs of wdich

is sometimes treatad perhaps too casually in early aerodynamic studies of basic iirframe perforratce, tut
whose implications on aerodynamic performance predictions and design can be sigrdficant even at tha
feasibility stage of project studies and over much of the flight envelope.

(L.8) Enginz Installation Aerodynamics (J Leynaert, ONERA/France);

This lecture reviews techniques for the theoretical design, optimisation and experimmtal iavestigatica
of engine air-intakes, afterbtodies and jet nozzles. Special attention is given to thx aeed for ciref;!
and consistent evaluation of thrust and drag terms, and of the engine intake and exit flov couciitons
vhich are directly relevant to prediction of engine performance characteristics (nst thrust, sgewific
fuel consumption, etc).

(L.9) External Store Aerodynamics (J B Berry, ARA/UK);

This analyses the effects of external stores on the aerodynamic characteristics of mircraft, «fscuss g iu
particular the prediction of incremental drag due to various practical types of store installatien, It
should be emphasised that the drag contribution of installed external stores is usually significast aas
often a limiting fiztor in the performance of strike/fighter aircraft, so reliable pred.ztion~ and prezilie
means of reduction are clearly important even at the project feasibility stage.

(L.10) Stability and Control Implications (J E Jenkins, WPAFB/USA);

This should clarify the primary ways in which stability and control considerations car influence the

aircraft design and performance predictions, along with the possible trade-offs betwe . inherent airframe
characteristics and flight control system complexity (CCV aspects) for aircraft perfo-uance sptimisation.
Aerodynamic data prediction requirements from such stability and control viewpoints alsc shauld be pot;.:-

Two_supplementary presentations fl..11 and L.12) already planned, summaries of which are published here,

take as their subjects:-
(L.11) Aircra.: Performance Considerations for Noise Reduction (T Williams, L S Director);

(L.12) Application of Ground Facilities for Flight Aerodynmamic Performance Predictions
(Ph Poisson~Cuinton, ONERA/France).

Other contributions from attendees are also welcomed, as time permits, to “ake advantage of any
appropriate specialised knowledge.

Most of the lectures published here contain ex*tensive lists of reports for further reference on the parti-
cular topics. At this stage, therefore, perhaps I need mention only three existing sets of papers also of
general use for aerodynamic predictions.

1) The Royal Aerorautical Society Data Sheets and Transonic Data Memoranda.

2) The USAF Stability and Control Datrom.

3)  The AGARD Conf Proc 124 on 'Aerodynamic Drag'.
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AERODYNAMIC PREDICTION METHODS FOR AIRCRAFT AT LOW SPEEDS
WITH MECHANICAL HIGH LIFT DEVICES

by

J. G. Callaghan, Section Manager
High Lift Technology Development, Aerodynamice Subdivieion
Douglas Aircraft Company, McDonnell Douglas Corporation
b 3855 Lakewood Boulevard, Long Beach, California 90846

1.0 SUMMARY

'\ The mubject paper will discuss in some detail a survey of present methodology used for the esti-
3 wsation of low epeed aerodynamic characteristics of aircraft with mechanical high lift systems. While thie
3 wethodology e applicable to a large variety of aircraft with unpowered high 1ift systems, the emphaeis

will be on transport type aircraft. Prediction methods empirically derived from experimental data, as
well as more sophisticated theoretical methods will be discussed. Correlations of calculated results with
7 both wind tunnel and flight measu-ements will be prescnted.

To place che cuvrcnt state of the art of methodology into proper perspective, a critical review
- of areae of both strength and weakness will be presented, with emphasie on future requirements. Within
F thie context, the particular need for methode to estimate the high 1lift characteristics of aircraft with
é. thin, highly swept, low aspect ratio wings, such as supersonic transport configurations will be reviewed,
P

2.0 INTRODUCTION

The accurate estimation of the low speed aerodynamic characteristics of aircrafr with mechanical
high lift eyetems is dependent on a wide spectrum of methods ranging from sophisticated three-dimensional
analytical tools to highly empirical formulations, and in some instances, to a total dependence on the wind
tunnal, The ability to accurately estimate the low speed characterisrics with an attendant high degree of
confidence is fundamental to the success of any program involving the development of a new airplane. This
is manifest in two ways: firstly, if flight measurements reveal deficiencies relative to the guaranteed
performance, costly flight development programs may result, and indeed may result in re-design and re-manu-
facturing problems. Secondly, an eatabliehed high degree of confidence in analytical estimation techniques
reducea the dependerce on extensive wind tunnel test programs. For typical jet transport aircraft, this
teeting will run into thousands of wind tunnel test hours (References 1 and 2). Because of the limitations
of estimation methods, testing to some extent will always be required because the aerodynamic character-
istics must be establiehed as thoroughly as possible before flight. It is, however, desirable to continue
development of improved methodology, which departs from empiricism and approaches the problem from a more

fundamental sense. This will invariably provide more firm guidelinea for improving the design of high lift
syetems,

The high 1ift prediction methods to be discussed in the present paper are to a large extent those
associated with predicting low speed characteristjcs of large transport aircraft, such as that shown in
Figure 1, as this repreeents the experience of the author and his colleagues. Many of the methods, however,
particularly the more fundamental ones, have applicationa to a wide variety of aircraft. It is the intent
of this paper to present a general assessment of prediction methods, rather than to provide a methods hand-
book. In particular, to the extent possible, these methods will represent the best available analytical

tools in the present etate-of-the-art, rather than the less rigorous methods sometimes used for a-“vanced
9 design trade studies.

The characteristics whoee estimation will be addressed zre those in the longitudinal mode -*hi:k
are required to determine takeoff, climbout, approach, and landing performance. In general, the present
state-of-the-art permits reasonably accurate estimation of the low speed characteristics, as wmust be evi-
denced in part by the many successful transport aircraft in service today. There are, however, many char-
acteristice which cannot be assessed by estimation methods and, therefore, require wind tunnel measurements.

TV T, T

Fundamental to the ability of any method to accurately predict aerodynamic characteristics is
the degree to which the flow over the appropriate geometry is apalytically modelei. The non-aerodynamic
ehapea which may be iatroduced by rhe deflection of the high lift system greatly compound this problem as

-~

f is evidenced by the example of Figure 2. The flow can “e analytically modeled to varying degrees within
9 the present atate-of-the-art tc a relatively high degree of accur~cy in two dimensiona and to a lesser
5 eitent in three diiensions.

The type of methods generally available to est.mate low speed aerodynamic characteristics can be
roughly placed in four different categories:

o Three-Dimensional Analytical Techniques - In general, the applicable three-dimensional methods
are limited to estimating those characteristics wherein viscous considerations are small, and
are necesaarily neglected. These methods range from simple lifting line theories to more
sophisticated lifting surface theories and to full lifting potential flow solutions. Such
methods find applicability in estimating lift and pitching moment characteristice in regiona
below the stall in the absence of flow separation.

ot s s s

o Two-Dimensional Analytical Techniques - Highly sophisticated methods are within the state-of-
the-art for calculating two-dimensional characteriatics, including both potential flow and
viscous flow solutions for iulti-element airfoils of arbitrary shape. To a limited extent
some techniques are available for.modeling separated flow regions. In general, these methods

5 depend on a certain degree of empiricism for adjusting the resulting two-dimensional eection
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characteristics to three dimansions.

a Empirical Methods - Many charecteristics to be estimated, such es maximum lift coefficient,
do not presently lend themaelves to analytic treatment, In these instances empirical tech-
niques must be utilized. In some ceses there exiets e theoretical besis for the empiricisa
and, indeed, in other instances it is vhatever scems to make the method work,

e Experimental ¥.*hods - In many instances there are not even suitable empirical relationships
for estimatinug csrtain characteristics, in which cese the wind tunnel must be utilized. Typi-
cal of these prorlem ereas ere the estimation of dreg increments for high 11ft devices, and
interference efficte.

The shortcoming of empirical techniques is primarily that they ere limited to providing charecter-
istics only for thoee geosetries upon which the empiricism is based. This introduces possible errors for
new geometries which depart from the empirical base. An edditicnal deficiency of empirical techniques is
thet they may not nesearily ontribute to e more fundamental understanding of the essocisted flow phenow~
enon, and subsequently to improved designs., A shortcoming exists eveu with more sophisticeted empirical
uathods in that the estimation of certein charecteristics, such es maximum 1ift with high lift devices
extended relies on e component buildup which does not allow for possible interference effects between
components.

1n the process of estimeting eerodynamic chsrecterietics, one finds e wide variaty of methods
evaileble. 1n the selection of an eppropriete lifting surface theory, for example, there ers those forwu-
lated by Noodward, Giesing, Lamar and Margason, and Martin (References 3 thru 6 respeci ively). A similar
situsticv exista in two-dimensional methods for multi-element airfoils such es those by Bhateley, Goredie,
and Callaghan and Bestty (References 7, 8, and 9). All of Z.eee cleerly have thair adventages and their
limitetions. The particuler ones eddressed in the eubeequent discussion reflect the experience of the
euthoi' and his colleagues et tha Dougles Aircrefr Compeny; similar eprlicetions of rhese verious methods
beyond this experience could be end, indead, probebly heve been made. .

Tn the ensuing discussion certain of tha mathods will be referred to severel times, in that they
have epplication in many ereas., For example, in the instance of the Giesing vortex lettice lifting surfece
theory, this program finds epplicai.on in determining 1ift curve slopa, lift increment due to flap deflec-
tion, span loed distributior, and pitching moment cherecteristics. In other instances wherein methods have
limited epplicetion, or in fe:t where no methods exist, littla cen be said.

The mathods to be addrassed are those which ere epplicabl to the estimation of ".1ft end dreg
cherecteristics for e complete eirplane configureticn with lesding and treiling edge devi.es extended.

Methods for estimating pitching moment charecteristics vill also be discuased in that ths resulting trim
effects must be considered as to thsir impect on lift and drag.

In order to appreciete the significence nf the various charecteristics vhose estimatinn will be
discussed, some review of the pertinant airplana parformance charectaristics will be beneficiel at this
point, Figure 5 presents e schematic of a representetive tekeoff profile es dictated by Federel Avietion
Agency requirezents, Certain speeds of significance ere indicated in the figure and ere defined balow.

The rotetion spaad, Vg, is the speed et which the pilot begins to rotete tha eircreft to attain
the liftoff ettitude and must not be less than 51 ebove the eir minimum control speed, Vy-. The latter
speed is determined by the minimum speed at which diractional control can be mainteinad in the event of
feilure of the most critizel engine. The liftoff spaed, V,,, 1s the speed et which the airplene becomes
completely eirborne end must be at leest 5 sbove the minimum unstick spaed. The minimum unstick spead,
Vs 18 the minimum speed that the eircreft can be made to liftoff without hazard and continue tekeoff.
Tﬂl speed is determinel by flight tests es shown in Figure 4. The tekenff safety speed, V,, must not
be less than 1.2 times the stell speed, V¢, or less then 1.1 times the minimum control speed; the V
speed is necesserily et least es fest es the V;, spaed and is, therefore, at lesst 51 ebove the minisum
unstick speed, Further, the V, spead must be such that a minimum climb gredient (approximately 32
depending on the number of engines) can be mainteinad in the event of engine failure.

These speeds and the resulting takeoff field length ere directly related to the lift coefficient
etteinsble et a given ettitude, and to the maximum lift coefficient. The climb gredient is strongly depen-
dent on the lift-lo-drsg retio in the climbout configuretion.

The takeoff field length is determined by severel criteria, one of which is shown in Figure 3.
This is the so celled criticel engine out tekeoff distence which is the distance from start of takeoff to

a point 35 feet ebove the rumway at the V; speed, essuming en engine failure to be recognized at the
decision speed, Vl.

A representative takeoff field length performance plot is shown in Figure 5 for an airplene in
the 500,000 1b. tskeoff gross weight cless; the incresse in slope et the higher gross waight results from
the second segment limiting weight. For 8 given thrust level (T), the gross weight (W) is resched beyond
vhich the required engine-out climb gradient cannot be met; in order to increese the takeoff gross veight,
the lift-to-drag ratio (L/D) = st be increased. This can be brought about by a reduction in flap se:ting
vhich will have an attendsat lift coafficiant decrease which results {(n sowe increase in field length.

The sensitivity of field length to lift coefficient c2n be seen in the figure; for the range of gross
weights which are not second segment limited, the change in field length is directly rslated to lift coef-
ficient. This follows from consideretion of the generalized takeoff parameter:

tekeoff field length = f[(T H‘)’/:)C ]
L

vhere S, o, and C_ &are wing area, density, and lift coefficient respectively.

For example, for a 10,000-foot field length, a four percent increase in C is vorth s 400-
foot reduction in field length. This may seem like a relatively insignificant change 2

n performance,
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Hovever, if viewed from the standpoint of weight, the impact is more significant. PFor this fixed field
length, the 4X improvement in asaxiwum lift coefficient increases the takeoff gross weight by 10,000 pounds,
vhich is equivalent to about fifty pessengers! In the region where the airplans has bascome second segment
limited, the performance is basically insensitive to a Cy change. This results from the limiting region
being basically an envelope; any increase in C; would result in a decrease in L/D, which would violate
the seccnd segment constreint.

The sensitivity of the takeoff performance to drag is shown in Figure 6, egsin for an eirplane
in the 500,000 pound takeoff gross weight cless. For the weight region wherein the airplane is not climb
gredient limited, the field length is relatively insensitive to changes in dreg. However, there ic en
extreme sensitivity once the configuretion becomes gredient limited. The climb gradisat vy, 1is

- Toel
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and is on the order of 3X for e one-engine out configuretion. In the non-limiting weight regiom, a 1°%
incresse in drag is equivelent to roughly 5,000 pounds (25 p ngers) for e fixed field length,

second segment limited condition, this increase in drag could be equivalent to es much es 20,000 ur
roughly 100 passangers.

Examination of the landing performance reveals e similar picture in thet landing field length
sennitivity is directly related to C; chenges. The sensitivity to drag is quite small unlees the eir-
plane is limited by epproach climb requirements which is e go-around requirement with all engines opereting
For most transport aircraft, this is generally not e limiting conditiom.

Another important airplane persmeter wvhich can be qnite sensitive to the eerodynamic character-
istics is that of noise during takeoff and landing., Basically there ere thres requirements to be met:

e Sideline Noise - Measured on the ground epproximately one quarter mile from the centerline
of the takeoff path,

e Takeoff Noise - Measured 3.5 nautical miles from brake release, which mey include e throttle
cut prior to this point provided minimum eltitude and climb gradient requirements can be met,

e Landing Noise - Measured on epproach with the eirplane in the landing configuratiom on e 3°
glide slope approxisately 400 feet in the air,

The permissible noise levels ior these verious criterie sre dependent o the gross weight of the
eirplene but cannot exceed 108 EPNdB. The noise level is directly releted to the thrust of the sngines,
vhich is in turn related to the dreg level of the eircraft. There is, however, e noise floor, which is
established by the basic power-off eerodynsmic noise of the vehicle. This eerodynamic noise floor is
below the noise level of current lerge transport eircreft. The sensitivity of noise to dreg charecter-
istics can be seen in Figure 7 for a representative epprosch condition with the eirplane in the landing

configuretion. For this perticular geomatry, approximately three percent of airplane dreg is equivelent
to one EPNdB,

Consideretion of the above discussion indicetas e strong sensitivity of takeoff and landing per-
formance to the pertinent lift and dreg charecteristics. In order to meet performance guarantees, it is
desirable to provide estimates of aerodynamic cherecteristics thet heve e tolerance level that is on the
order of ope percent. With these demands on eccurecy, one ies then feced with epplying the most sophisticeted
estimation methods which the present state—of-the-ert will permit. The ensuing discuseion will review these
methods insofer as the prediction of the lift, drag, and pitching moment charecteristics are necessery for
the deternination of takeoff and landing performance.

. The specisl problems of determining charecteristics from wind tunnel end flight meesurements will
elso be addresced. In eddition, some discussion will presenht the correlation between estimated characteristics
and flight meesurements, end the correletion between wind tunnel charecteristics and flight meseurements.

Finally, an asseeement of the presant stete~of-the-ert will be made to review those aress vhere
particular development work is required. Some essessment will elso be made of the particular problems
associeted vith estimating cheracteristica for highly swept, low aspect retio, thin iings such es thoee on
supersonic transport configurations. A review of the promising theoreticel techniques presently under
development for epplicetion in addressing the full three-dimensional viscous problem will be addressed.

1t ie to be noted that throughout the discussion of the various aerodynamic prediction methods,
the use of the terminology "lift", "dreg”, end "pitching moment” will, for convenience, be ueed interchange-
ably with "lift coefficient", "drag coefficient”, and "pitching moment coefficient”, reepectively. Further,
lower case lettere will be utilized to designate section charecteristice, end upper cas letters wili be
utilized to designate three dimensional characterietics.

3.0 AERODYNAMIC PREDICT1ON METHODS

3.1 Lift Cherecterietics

It can be stated thet the estimation of lift cherecteristics do, in general, lend themselves
better to analytic treatment than the drag characterietics. In general, for traneport aircreft, the dreg
forces are an order of magnitude smaller than .he 1lift, in that one is dealing with lift-to-drag ratios on
the order of ten. The veriouz strong three dimensional anelytice) methods which ere eveileble provide good
accuracy in regions where viscous effecte do not dominate the flow field. The analytical techniques avail-
eble for estimation which include viecous effects are generally reetricted to two-dimenaional unsepareted
flows, with empiriciem required for adjusting to three dimensione, though certein thres dimensional epproaches
under development appear promising and will be diecussed at the close of the paper. However, in the ceee of
waximum lift, empirical techniques must be utilized.
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3.1.1 Lifc Curve Slope

Lift curve slope may he determined from empirical relationships, or more dasirehly from eppro-
priate lifting surface theories. The empirical relstionships require a knowledge of the defining eirfoil
section properties; these section propertiss, in turn, may bs determined from empirical reletionships or
from sophisticated two-dimensional potential flow and viscous aolutions. The theoretical aection lift
curve slops, c);, mey he determined from the relationship given in Reference 10:

oy, = 6.28 + 4.7(%)(1 + .00375 '-rz) (per redian)

vhere ¢, is the total trailing edge angle in degrees and t/c is the airfoil thicknass-to-chord retio.
The thoouttul 1ift curve slope is shown in Figure 8; since thia level is reletively insensitive to treil-
ing edge angle, ¢ value of 20°, representing the upper limit of the method ves used for the slope shown in
Figure 8. Viscous effects will hring sbout e reduction in 1ift curve slopa reletive to thia theoretical
level., Thia results from the decambering effect due to thz pr ce of the b dary leyer diaplecement
thicknesa. As ohtained from Reference 10, this viscous effect hea hesn correletsd with Reynolda number end
trailing edge angle end ia shown in Figure 8.

A much greater degree of eccurecy in determining aection charecteriatica can ha ohteined by the
applicetion of aophisticated potential flow solutions of the type descrihed in References 7, 8, end 9. The
theoretical method describad in Reference 9 cen compute the high 1lift charecteristics of multi-element air-
toila of erbitrary shape operating in e viscous incompresaible fluid in the shsence of flow separetion.
This epproach combines e geomecry definition routine, a potential flow solution based on e surfece source
distrihution, and ¢ finite-differencs boundary leyer routine to eccomplish the analyais. The geometry
routine smooths and epaces the hody coordinates for input to the potentiel flow program. The houndary
layer charecteristics are then calculated from the resulting potential flow pressure distribution and an
equivelent inviscid body is formed by the eddition of the houndary leyer displecement thickness to the
original body. These coordinates are then used to calculate ¢ new pressure distribution for the squivalent
body. This process ia repeated until convergence is echieved. Experience has showm that aetiafectory com-
vergence can be echieved efter two or three iteretions. Figure 9 illustretes the computational process.

A representstive presaure distribdution calculated hy this method is compered to an experimentelly measured
onc in Figure 10 et en angla of ettack of 10°. The corresponding lift curve, for both the inviscid and the
viscous solution is presented in Figure 11. As can h« aeen, the viscous solution 1a in very cloae egree-
ment vith the experimentally measured velus in terms of both engle of zero 1lift and 1lft curve alope, until
close to stall. It 1a aignificant that for this case, only one iterstion wes required, that ia, two poten=
tisl flow solutions and one houndary layer solution.

The aection lift characteristics, derived by either the empirical reletionship, or mora aophiati-
cated solutions may he corrected to thres dinensions hy the method given in Reference 10. For atreight
tapered vings, thia thres dimensional correction is presented in Figure 12 es ¢ function of wing espect
retio, midchord sweep angle, Mach number, sand aection lift curve alops.

In contrest to techniques for calculating lift curva alope which rely on empiriciss and on e
knowledge of the defining airfo!l cherecteristica, era the verioua available lifting aurfece tneoriaa,
(Referencer 3, 4, 5, and 6). The vortex lettice epproach of Reference 4 representa the wing hy a network
of small horseshoe vortices distributed in hoth chordwise and apenwiae directions. The strengths of the
individual vortices ere determined hy epplying the wing boundary condition st es meny pointa on the wing
es there ere vortices. A system of simultsnecus equstions is then aoclved to determina the horaeshoe-vortex
atrangth, The fuselage is represented by a line of doublets on the fuselege axis and e non—plener doublat
sheet to represent the ving image system, with the boundary condition haing thet the flow doea not pene-
trete the fuselaga aurfece. The ehility of this type of 1ifting aurfece thsory to eccuretely deacribe 1lift
charecteristics is shown in Figure 13, which presenta a correlation of tha calculated and experimentally
meesured apan loading in tha presence of wing mounted nacellea and external flep hinga feirings for a 35°
swept ving-fuselage combination,

Comparisons of 1ift curves es calculeted hy the referenced method with axperimentally mesaured
values ere preaented in Figures 14 and 15 for the DC-9 and DC-10 airplanea reapectively. Tha rethar cloae
egresmant in hoth cesea between experimentel and calculated valuea ia aomevhet remarkahla. Thia raaulta
from two sicplificetions in tha epproech which are compenseting to a certain degree. The naglact of any
viacovs effects in the analysis tenda to over-predict tha lift curve slope, ea previously mentioned in the
diacusaion on saction charactaristics. Convaraaly, the exclusion of thickness effects tends to undarpredict
the lift curve alopa. The contribution of tha fuselege to tha lift curva slopa is ahown in Figure 15;
excluding the fusalage lift undarpiedicta the total level by e aignificant amount.

3.1.2 Clean Wing Maximum Lift

Tha basic approach to tha eaiimstion of airplane maximum lift with high lift devicas deflactad
is e linaer huildup of tha meximum lift for tha clesn wing and of the increments of amaximum 1lift dua to
the leading end trailing adge high lift devices. The detarmination of clasn ving maximsum lift coefficient
ia dependent on a knowledga of the apanviae lift charecteriatica of the clean wing and of tha maximum lift
of the verious eirfoil aections which define the wing. The general procedura for calculating wing C
i~ predicated on tha essumption that vhen any given section firat reechaa ita aection maximum lift cox;w
ficient, the complata wing haa raached () . Thia 1s baaically a practicel definition, in that onca any
aingla aaction has atallad, the aubaequent f{low aaperation spreads and tha ving loses its usefulnass aa a
lifting aurfeca (Referenca 1ll)., Thia epproach was originally intended to spply to unswapt wings, but hes
besn cerried through to epplication to wings with modarata swvaap. Cleariy a point ia reached for highly
swept vings, particulerly with low thicknesa retioa vhen this approach can no longer he epplicabla.

A variety of epproechaa exista for estimating the veluas of section maximum lift coefficient for
defining airfoila. The optimum epproech ia to hava two-dimensional wind tunnel taat cata eveilabla for
the desired aections. This is, of courae, not elweys poaaible. Thera era saveral empiricel approachea
vhich provide varyipg dagress of accuracy. In eddition, some promiaing approaches to analyiicelly calculating
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section ¢y~ wvill be revieved,

The first mathod to be considered is that of Lofrin (Raference 12). Perhaps the best overview
regarding this method is Loftin's own comment ".... an approximate method for estimating the effect of air-
foil section on the maximum lift coefficient has been developed. It should perhaps be pointed out in the
begiming that this method most certainly cannot be justif‘ed from first principles; however, it did seem
to offer at least & rough guide to the manner in which a thin airfoil should be designed to give a high
maximum 1ift coefficient.” Loftin casumed that et a section lift coefficient, ¢y, of 0.1 lass than
Y » the boundary layer separation point was between the 90X and 100Z cherd stations. The value of the
pa?ﬂcter (P2 - Pl)/ql, vhere P; 1is the ainimun pressure near the leading edge, P2 is the pressure
3 at tiie 90X chord station, and q; is the dynamic pressure at the pask evalustes at ¢y = (¢ - 0.1)

wvas taken to be indicative of criticul conditions necessary fo: the complete separetion corrumpgnding to
maximum lift, The correlation was carried out for conventional NACA airfoila based on Theodorsen potentisl
flow pressures and experimental test dstz. The critical value of the parameter wes detarmired to
be 0,885 for values of ©lpax a L.S?‘:l shown by the data of Figure 16.

e

It 1is emphasized that the apmlication o iLoftin's approach is limited to moderstely thin eirfoils
axhibiting leading edge scall, with nosinal or preferably no trailing edga seperstion, Misapplication of
Loftin's criterion may result in significsnt errors in &y estication as indicated in Figure 17. As
can be seen, this appruach works reasonably well for thicxnlss ratios up to about ten percent, but departs
substantially from the rest data for the thicker sections.

A second, wore flexible, empirical method is that of the USAF stability and control DATCOM
(Reference 10). In DATCOM, the section 1 pax is determined by use of the relationship:

) + A

nax © Clagx’bage ¥ S1%Taax t 8

[ + A

2%\ max 3“lmax

where (cy__) is the basic uncambered airfoil «c; at =9 x106, end Ay, 4,, and A, are
\gax cormtgw for camber, thickness, and Reynolds %er, respectivaly. ol 3

The various components of <, are piosented as functions of a parameter AY wiich is the
difference in ordinstes (X chord) of the upper surface of an airfoil betwean the 0.15% end 62 chord stations.
Moreover, AY is based on the uncambered airfoil having the same thickness distribution as the eirfoil
under consideration. The accuracy of this method mey be assassed by examining Figure 18 which corrzalates
calculated and axperimental L - values for z wide range of airfoils.

More sophisticated analytical mathods are currently under development which show considershle
promise of addressing the problem in a more fundsmental manner., One such approech is presantad in Refer-
3 ence 13, based on a so-called "free-streamline” approach. In this mathod, the separation point on the
upper surface is dstermined by e suitable boundary layer routine operating on a velocity distribution which
has been corrected for viscbus effects. Vortices ars distributed around the airfoil surfece except in the
3 region between the upper surfece separation point and the trailing edge. A single source is uaed inside
: the body to give an outflow in the separated region producing a free streamline. The Kutte condition is
then satisfied by forcing the pressures to be equal at the lower surface trailing edge and the upper sur-
face separation point. A ssaple calculation for ¢, from this reference is presented in Figure 19;

; while there is a vell defined break in the 1ift curve hich is ia agresment with the experimental value of
4 Clpax’ the enalytical solution shows a continuing increase in lift after this break.

A second analytical mathod is that developed by Jacob (Reference 14) and later modified by Beatty
{Reference 15). This method simulatas the airfoil by & distribution of vortices eround the surfece contour.
4 A separation point is chosen and an angle of attack assumed. From the separation point to the trailing edge,
a wsource distribution is placed which emits flow and thus simulates rhe sepereted region shape as shown in
Pigure 20, The edge of this region is determined by using a stresmline analysis and satisfying the boundary
condition of constant pressure at points, A, 8, end C. From this wodel a pressure distribution is genersted
wvhich is then analyzed by an appropriate boundery laye: routine. If the boundary layer routine predicts
separstion ct the assumed seperation location then the case is done. If, however, seperation is calculsted
either before or after thre assumed separation point, then the angle of sttack is changed and e new "ressure
distribution generated. This procedure is repeated until an angle is found which will wove tha calculated
separativn point to the same location as the ussumed separation point. The applicability of this method
can be sevn from the lift curve in Figure 21; while the calculsted value is approximately eight percent
higher ther the experimentel value, e very definite round-over in the lift curve is evident.

Given that the section maximum lift coefticients for the defining uirfoils ere determined by en
eppropriete mathod, an accurete knowledge of the spanwise 1lift distribution is then required. Historically,
the ability to calculate spen loading has een limited to simple lifting line concepts, wherein the wing
11ft is considered to be concentrated in a ainsle lifting line et the wing quarter chord, and requires that
the inducad local flow be perellel to the local chord at a specified location, usually chosen as the three-
quarter chord line. Lifting line theories cen, in fact, provide a good description of span loading for
wvings of moderate sweep and aspect ratio. The main shortcoming of the 1ifting line epproach is the inability
to sccurately simulete highly cambered wings, such es those with trailing edge flaps deflected. These pro-
blems have been overcome to a considerable extent with so called lifting surfece theories such es the vortex
lettica theory discussed in some deteil in the previous section.

Given the spanwise lift distribution, the wing maximum lift is then determined to the first order
by the section meximum lift characteristica of the defining eirfoils. The wing maximum 1ift coefficient is
that value et which the local 1lift coefficient et any point along the spen first reaches the value of the
section maximum lift coefficient along the span.

It 1is again emphasized that this approach is baeically sound for unswept wings and loses * .idicy
as sweep is increased. This is complicated by strong induced canber effects elong the span; the irn .uced
effects tend to increase the effective camber inboard, and decreese it outboard, with a resulting deperture
from two-dimsnsiousl characteristics on wore highly swept wings. A strong additionel complicating fsctor
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is the effect of the spanwise gredient on tha boundary layer. The eddition of .scallus, pylons, end plan-
form discontinuities can also change the .recteristics from those predicted.

I~ spite of all tbe ostensible shortcomings of this approech to astimating maxiuum 1ift, cxperi-
enca has shown that for configurations with wodarate sweap, it doas in fect work quite well, Figure 22
illustretes tha application of tha method for calculating ths maximum 1ift coefficisnt of e wing-fuselage
combination with a 24° swapt wing. The section maximum 1ift cheracteristics were calculated by the method
of Referanca 12 indicating a total wing CLaax of 1,51. This comperss favorebly with e wind tunnel
measured value of 1.5, Figura 23 illustretas the epplicetion of the method for calculating the maximum
lift coefficiant of e wing-fuselage combination with e 35° swapt wing, The section maximum lift charecter-
istics were calculated for the defining airfoil sections by tha methnd of Reference 10 for a free stream
keynolds number of 6 x 105 par foot. Tha local spanwise 1ift first achiaves maximum [ift et e totel wing
C_ of 1,26, The measured chux for tha configuration was 1.25,

3.1.3 Lift Increment et Low Angle of Atteck due to Treiling Edge Flups

Tha i.crement in lift et low angles due vo tha deflection of treiling edge fleps, AC;., soue~
times referred .0 os flep effsctivenass, is dependent on th: szection lift increment due t¢ flap scflncdon,
as datermined by wost methodologies. As will be discussed subsaquently, lifting surfece tieories can be
epplied to dataraine flap affactiveness for woderete flap deflectiona.

The me_.hod of Raference 16 relies on a iknowladge of the section flap affectiveness, end is given

by
L\ [%c
() L
R
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vbere
8y, i the section 1ift incvement due to flep daflection.
CLy is tha lift-curva slopa of the unflapped wing.
€, is tbe section lift-curve slope of the besic eirfoil.
og &

= is the ritio of the three-dimensional flap-effactiveness parametar to tbe two-dimensional
§ ey flap-effactivensss perameter, cbtained from Figure 24 as e function of wing aspect ratio
snd the theoretical value of (ag) . The thaoreticel velue of (og) is obteined
from tha insat chart of the figureSlend is ® function of flap chord ritio, egle.

l\ is the flap-sran fector obtained from Figure 25, (Note: 1 is the flep span stetion
expressed es & fraction of wing semi-spen.

A veriety of weys exist for determining the section 1ift increment due to flep deflection. Refer-
ence 10 provides the relationship

deyg® = €y of S¢

where ¢ end o, era as dafined previously and §_  is the flep deflection., The change in engle dua to
flap dafl¥ction pcgmnr, ag, 1is giver in Referencé 10 for e variety of flep configuretions, all empiri-
cally derivad from experimental dete. In general, this approech provides an eccurete dascription of flap
ef fectiveness wnan combined with tha three-dimensional reletionship. As obtained from Reference 10, the
agreemant between calculeted and experimentally measured flep effectiveness is seen to be reasonably good,
es shown in Figure 26.

The limitation of the ampirical approech dascribed ebova is thet the finer datells of tha flap
geomatry cacnot be taken into consideretion. This sbortcoming can be circumvented by the evaillability of
two-dimenaional wind tunne} deta for the appropriete flap geometry, or by the epplicetion of sophisticeted
two-disensicnal potantial flow end boundary layer solutions such es that of Refarence 9 as previously dis-
cussed., Tha ability of such a progras to eccurately describe the flow charectaristics over erbitrery mulei-
element eirfoila is ahown in Figura 27 for a slettad sirfoil with end withouv a double slotted treiling edgs
flep. As eddressed to the particular problem of determining flep eflectivanass, the puraly inviscid solution
way ba epplied up tv modareta flap deflections to provide e very eccurete representetion of saction flep
effactiveness. This can be seen in Figura 28 vwhizh compares the potentiel flow solution flap effactivaness
with two-dimensicnal axperimental valuse for three different double slotted flep geometries. At the higher
flap deflections, the viscous effects becowe mors predouinsnt resulting in an optimistic prediction of flap
effectivenans. ltereting on the boundery layer solutiom would rasult in closer egreement with tba experi-
mental valusa, At the lowar flap deflaciions, while the viacous affects era significant with regard to
absoluta laval of 1ift, they ere of eecond order effect with regard to a differenca in 1ift, such as tha
casa of flap 1lift increwent,

The epplication of lifting surface thaories can in reny instancas provide e good direct estimate
of thrae-disensionsl flep affectivaness. Such an approsch cannot, of course, cousider tha mutual inter-
ference effacts of a multi-elemont flep, or tha viscous and thickness efiects; however, e careful teiloring
of the camber distribution wsed in & lifi{ing rurfica theory o represzent tha actuel flap can give e good
measure of flap effuctiveness when the section properties are not known e priori. The Giasing vortex lat-
tice lifting surface theory (Raferance &) calculations of flep affectiveness ire cowperad in Figure 29 to
the experinentally measured valuea for tha DC-3 eirplane, wod in Figure 30 for the DC-10 airplane indicating
good agreemant.

3.1.4 Maximire Lift Incremsnt due to Trailing Edge Flaps

Tha estimation of the maximue 1i¥t increment dus %o trailing edge flep daflvection is based on
purely espirical approachea. The additional 1lift 4incresenz at angles of sttack prior to stell brought about
by the increase in camber dux ro tralling adge fieps is readily awenable tc anslytic iraatment until viscous
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effects dominate the flow as is the case et maximum 1lift, The addition of treiling sdge flaps alters the
pressure distribution over an eirfoil ro the extent that for a given level of 1ift, the leeding edge is
unloaded, and the eft section loading is increased, ralative to the unflepped eirfoil., The maximum lift
then occurs wvhen the leading edge becomes loeded to the extent that flow seperation occurs there, o~ when
the adverse pressure gradient on the flep itself becomes too severe for negotietion by the boundary leyer.

To analytically eddrass this problem is difficult enough for two-dimensioial sections. Pressnt
two-diaensional boundery layer techniques can accuretely predict the flow seperetion point on the multi-
element airfoils given e good dascription of the potential flow (Reference 9), provided thet the visccus
flov over e given element is not influenccd by the merging of wekes from forwerd elements. This in itself
is not adequate to estimate the maximum 1ift for eirrfoils with multi-slement high 1ift systems. The sepe~
reted wake flow must be enalytically modeled so that, ea the separetion progresses, the 1ift can be celcu-
latad to the paint that it no longer increases with angle of etteck. As previously discussed, some weke
modeling mathods heve becn developed for single element airfoils which appeer promising., At present, how-
aver, this type of approach for multi-element eirfoils is et beat in the embryonic stege., These problems
are greatly compliceted by three-dimensionsl effects. !No tschniques presently exist for celculeting flow
characteristics over swept wings with multi~alement high 1ift systems exhibiting sepereted flow.

For theae reasons the calculetion of flep maximum 1lift increment depends entirely on empiricel
cechulques, which in turn depend vn & kuowledge of the two-dimensional section characteristics with flaps
deflected. The one general method in widespread usage is that of Refersnce 10. This empirical relation-
ship provides the section maximum lift incresent Ac\m for plain, split, and slotted flaps as

Cigay " KKK, (Ac‘m)b“e

vhere Acyg,. is the section maximvm lift increment for a 25-perceat chord flap and is c.ep3ndent on
the type of ﬂap 3nd the thickness of the defining airfoil. The factors , and K accour: for the
effects of flup chord, flap deflection, and flap motion. The accuracy of :éu lpptolch . a Le gleaned
from Figure 31, As can be seen, the general trend is good, although significant errors can be realized
in some instances.

An approximate level of flap maximum lift increment can be obtained from thin airfoii theory con-
siderations. According to thin sirzfoll theory (Reference 17) the loading at the leading edge of a cambered
eirfoil is the same ea that of an uncambered airfoil at e 1ift coefficient higher by the amount of one-helf
the increment. in 1ift due to flep deflection, for venishingly small flep chord ratios. This implies that,
for airfoils whose maximum 1ift is controlled by leeding edge stall, that the flap maximum lift increment
is equal to one~half the 1lift increment provided et constant angle of ettack for smsll flap chords. This
increment becomes smaller ea the flap chord ratio increases. Thickness effects will, of course, servs to
.acrease this level above that givsn by thin airfoil theory. This can be seen by examination of the corre-
letion showm in Figure 22 for experimentel dete meeaured from five different dvuble slotted flep errange-
ments for e 9% thick eirfoil, eech with a chord retio of approximately 35, According to thin eirfoil
theory, the maximum lift increment should be approximately 402 of ths lift increment et constant engle of
ettack; however, due to thickness effects this level is more nearly 601, Referenca 18 cerries this epproech
e »tep further to sccount for finite thickness of the airfoil,

The section velus of flep maximum 1ift increment is then used to celculete ths three-dimsnsional
value, (ACLHAX) by the reletionship
FLAP

(ACLM) L Y (:w—f) K,
. Swg sl o
where ‘7~ 1s the retio of the wing area effected by the treiling edge flep to the totel wing erea. The
fector KA is smpirically dsrived to eccount for the effects of wing sweep end is given by

A

K, = [1 -.08 conz(AcM)] cos¥ Ac/b'

In the finsl analysis, ths best essessment of thrse-dimensional maximum lift increment due to
flep deflection lies in measurements in the wind tunnel.

3.1.5 Maximum Lift Increment dus to Leeding Edge Devices

Ths increese in maximum lift dus to leading edge devices rssults from esteblishing flow conditions
which permit the eirfoil to go to e highsr angle of etteck bsfors stell occurs. Ths estimation of this maxi-
mum lift increment agein rssorts to empiricism, particularly for edjusting the section velues to ths thrse-
dimensional ones. Ths sstimarion of the saction value doss, however, lsnd itself to a certein amcunt of
analyticel trsatment. Roshko, in Referencs 17, proposes a method bessd on *he essumption that for airfoils
exhibiting leading edge stall, the pressure distributior at the lseding sdge is the same ut stell rsgerdlsss
of the camber. This implies that the stagnation point location is et the same locetion in all casss and ths
pressure distribution around ths noss is e function only of stegnstion point locetion. From thin sirfoil
theory considerations, for an uncambered eirfoil, ths flow comes smoothly onto the sirfoil at zero dsgrsss
angle of ettack. At othsr anglss, e singularity develops at the noss. For a cambsred airfoil, ths flow
will come smoothly onto the nose et some other angle, in gsnsral diffsrent from zero. This angls is callsd
the ideal angle of ettack., Roshko proposes thet the changs in maximum 1ift due to changs in lsading edge
camber, 1.e., lsading edge devics, is sntirely due to the change in idsel angls brought about by ths cambsr.
This i{s to sey that the prsssure distribution at the ncse on ths uncembsrsd airfoil at ths stall angls will
now occur et an angls of attack higher than this by ths changs in idsel angle dus to cambsr. Simpls thin
airfoil theory considsrations provids this changs in idsal angle of atteck, end the corrssponding changs in
maximum 1lift, A corrsletion of the maximum 1lift increment celculatsd by this method with experimsntal values
is shown in Figure 33 for a thin airfoil with a 152 chord noss flap, showing reasonebls agrsement up to about
25° deflsction of nose flap. g
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The ebove approech cannot, of courea, be applied with ary dagree of confidence for airfoils with
multi-alament leading edge devicee euch ae a elet, Another approech iz suggested, using the criteron that
the ultimate waximum lift achievebla is limited by exceading eupereonic flow locally on tha nose of the
airfoil, This is not to eay that this will alweye be tha case. Indaed, in tle three-iimensional eituation
many complex factors anter into the control of maximum lift., It ie rether suggaeted that tha highest
achiavabla level of maximum 1ift will be limited by exceeding sonic flow locally but could, of course, be
balow this due to othar factore. Obeervetions of two-dimensional wind tunnel teet date saem to eupport
this, as cen ba eeen in Figure 34, The minimum pressure coefficient, C_,, wmeseured et the leeding adge
et ¢y is shown for eaverel values of c; _ . Thase pcinte represent geometries with eeveral flap
deflact?88s and different leading edga devices, and eome geometries with no leading edge device. As cen
be seen, the valuss era all vary close to the critical value corrasponding to the frae ¢ tream Mach number
of 0.2 in tha wind tunnel, It should be recognized that the pressure gradients at the .- se for thesa high
lift conditions ere vary etaep, with significant preeeure chengee occurring over dietances that are on the
ordar of the size of the preseure orifice; thie ceuses eome difficulty in extremely accurete pressure
m¢asurementa, though it ie reasonable to eseume that the flow is near eonic in all casas.

The flow ph wvhich prod this limiting condition by slightly exceeding the eonic con-
dition ie uncleer. It may perhape be due to the formation of weak shocks during daceleretion from euper-
eonic flow; thie may be eufficiant to ceuse flow separation due to the pressure jump ecrose the shock,
imposed on an already savere advarse grediant,

Assuming that the critical value of preesure coefficient can be used es e guidaline for muximum
1ift, sophisticated potential flow solutione can be utilized to calculate the maximum lift increment due
to leading adga devices. The potential flow eolution is celculated for e variety of lift coefficients for
the high lift geometry (i.a., flapped airfoil) both with and withcut leeding edge device, and the difference
in 1ift coefficient et which the critical ¢ 4ie resched for the two g ries is e e of the maxi-
mm lift increment for the leading edge deviSe.

A comparison of the calculstad maximum lift increment using this epproach beeed on the method of
Refarence 9, and axperimental values for an airfoil with a double slotted flep deflected 5°, for severel
laeding edge slat defiections is shown in Pigure 35, While the predicted value is generelly above the
exparimental level, it ie interesting to nute that the shapes of the two curves ere very similar., The
probebla raeson for the ovarprediction at tha lowar elat deflection angles ie thet the control of stall is
dominated by trailing adge separation rethar than conditione et the leading edze. As the slat deflaction
ie increased, the control of etall is datermined by lesding edge conditions, giving cloeer egreement between
the measurad sand calculetad velues.

For full epan elats on threc-dimensional winge, the primary peremeter effecting tha maximum lift
increment would appaer to be tha wing eweep, with slet parformance decaying roug!’y with the squara of tha
cosine of tha sweep engle. Thie is indiceted by the accumulstion of elat performance deta ehown in Figura
36. An empiricel epproech for estimating elat maximum lift increment, Ach e’ for full epen elete

would then ba eimply
acy, - (Ac\ ) K
MAX grat max/oler A

whera  Acy ie the eppropriete section velue and KA is the empiricel fector ehown in Figure 36

to eccount ?3’15 “!Ep.

It ie important to ncta thet eignificant reductions in this performance can be brought ebout by
interruptions in the lesding edga by nacellee and pylone. This effect muet ba esseseed by eppropriete
three-dimeneional wind tunnal tests.

3.1.6 Total Configuretion Maximum Lift

As can be evidenced by the previoue diacussions, the estimation of eirplene maximum 1ift ie
generally besed on e lineer buildup of the verioue zirplane components contributing to tha maximum life,
euch ee clean wing, leecing edge devicee, end trailing edga flepe, end the horizoatel teil loed required
to trim the pitching mowent et maximum 1lift. In general, thie epproech works ressonsbly well, as cen be
eeen in Figure 37 which comperee eetimated and flight meeeured values of maximun lift for e veriety of eir-
plenee for different flep eattings, both with and without 1 eding edge devices.

While the egreement between measured end celculated C ie generelly good for thoee configu-
retions ehown, it is not to eey that the epproech of using e lineer s ildup is not without ite disedvan-
tegee. To e lerge extent, the methode which eetimate these charecteristice ere empiricel in nature, This
can lesd to obvious difficulties for edvanced concepts which heve gecometries deperting from thoee upon
which the empirical date is besad. Further, compliceting interference effects may be introduced which can
only be determined from wind tunnel teets of the eppropriete geometry.

3.1.7 Lift in Ground Effect

During the portions of the takeoff and lending when the eirplene ie in proximity to the ground,
it will experience e chenge in lift charecteristice; el e given geometric engle of ettsck, the 1ift will
be higher or, et e given level of lift, the effective angle of etteck will be lower, et leset up to e cer-
tain point. The incremental angle of etteck decrease due to ground effect can be predicted by Prendtl's
multi~plene interference fectore as epplied to ground operetion by Wieeeleberger (Reference 19), The mathe-
maticel model in this method ie formed by two horeeehoe vortices representing the resl wing end en image
locetad twice the ground height below the wing to form a ground plene streamline., The lifting line theory
trastment ie simplified to evaluate only the induced verticel velocity et the reel wing due to the image
wing treiling vorticee., A comperison of wind tunnel meeeured angle of etteck changes for severel flep
deflections with that predicted by the method of Reference 19 is shown in Figure 38, As can be eeen, the
sethod does reasonebly well in the lineer portion, but depsrte from the dete in the higher lift coefficient
rsnge. The method of Tani (Reference 20) sttempts to refine the epproech by including the effect of the
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bound vortsx in the image syetsm, which eccounts for the longitudinal velocity inducsd et the real wing
and ths reaulting circulation changs, es well as the .nduced effects due to ths image treiling vortices.
The egreement is reaeonably good in the linear renge, end it attempts to calculate ths non-linear effects,
but overpredicts (h> magnitude of the change. Accurete lift predictions ere required in ground effect up
to the ground engle limit for Vjg estimation es this has e direct sffsct on the tekeoff field length es
previously discussed. As noted in the figure, the reprsssntetive lift coefficisnt for Vg 1s well ioto
the non-linear rsgion whers the methods become unrelieble. As s result, empirical methods, or more pre-
fsrebly, wind tunnel ground effect tests of the configuretion are required. A more sophisticated treatment
of the locel inducsd velocity et the wing is required, which should include :he effects of cember as modi-~
fied by viscous effects.

No consideretion is given to ground effect on maximum lift since this is demonstreted only in
frse eir, end the tekeoff speeds ere et least twenty percent ebove the spesds correeponding to those et
raximm lift,

3.2 Dreg Cheractsristics

The sccurete estimation of airplans dreg charecteristics ie considerably mors difficult than thet
of the lift charecteristics. This is primarily due to the flow bsing dominrted by viscous effecte; with
the ciugle exception of the inviscid contribution to the dreg dus to 1lift, no viscous aspects of the pro-
blem ere currently smenable to analytical treatment. Ths zero lift perasite dreg computations for the
clean configuretion ars empiricelly built up from sound two~-dimensionel enalyticel consideretions; no such
analyticel treetment is evailable for multi-slement high 1lift systems.

The problem is complicsted by the preaence of many non-eerodynamic shapee when e high lift system is
deflected, such es flep structural trecks, screw jacks, linkages, and open cevities in flap wells. Thie
is compoundad by the pressnce of highly three-dimensional flows et high 1lift coefficients, in both the vis-
cous end inviscid eense. For theee reasons, the sstimation of the jeresite dreg contribution due to high
1litt device dreg is strongly dependent on experimentel dete.

3.2.1 Clean Configuretion Dreg

A good epproximation to a clsan configuretion (high 1lift eystems retvected) low speed dreg polar
is that represented by the clessical perebolic poler
c. 2
CD w C + -.I-‘—
Do ¥ wRe
c2

whers Cpy 1s ths drag et zero lift, and = ie the lift dependent drag. In the strict sense, the drag
polers sre not parebolic; in the prectical Sense, however, this rspresentetion is s reesonable ons. This
can be seen from ths representetive DC-10 flight maasursd polar shown in Figure 39, which indicetes that ths
drag due to 1lift is linser with C% t-roughout ths range of 1ift cosfficients.

Ths zero-lift paresits drag with the high lift system retrected is estimated by empiricel methods
which rsly heavily on wind tunnel end flight test date gethered during previous transport devslopment pro-
grems. The besic equivelent peresite dreg for ths inaividusl eirplene components is definsd es

(C ) = Svet
II"COM!»‘ f sref

where Cg¢ 1s the flat plete skin friction coefficisnt, including the effects of roughness, end K 1s a
form fector which eccounts for the effects of thickness, s\ prrvelocities, end pressurs dreg. S ___/S

wet' “ref
is the 1:-:10 of wettsd area to the refersncs erea.

Ths flet plete skin friction coefficients cen be obtsined from Refersnce 21 for fully turbulent
flov and ere besed on the rharacteristic length of eech component. The charecterietic length for e body
(fuselege, nacelle) is the overall length and for eerodynamic surfeces (wing, toil, and pylon) it is the
exposed mean eerodynamic chord., Roughnesas sffects ars due to excrescsnces such es protruding rivets, stsps,
geps, end bulges in the skin, stc., which result from typicel msnufecturing procedures. Thie is eccounted
for (Reference 21) by an equivelent roughness. This equivalent roughness hee been determined by equating
the flight test zero lift parasite dreg for the DC-8, DC-9, end DC-10 to e deteiled estimuate of the pareeite
drag and solving for roughnsss. This velue hee been determined to be 0.00095 inch end is, within the
accurecy of the flight dete, e constant velue,

The form fector for eerodynemic surfaces is a function of everege thickness retio end of the
sveep of the surface, end may be detsrmine’ rom Reference 22, or eppropriete two- end three-dimensionel
vind tunnel data. The form fector for aer’ aamic bodiee is e function of overell body finenees retio end
may also be determined from Referencs 22 or eppropriete wind tunnel date.

In eddition to the besic form drag of the nacellee there may be bese dreg dus to the design
rsqiirements in stowing the thrust revereer. The eppropriete bese drag coefficients cen be obtained from
Reference 23. An edditional miecellerecus excrescance dreg is due to protuberences such ee light end
antenna feirings, drein maets, probes, unevoidable mismatches, holes, eirconditioning system, etc. which
ell aircreft ere required to have. Experience et Dougles beeed on e detsiled analysie of the DC-8, DC-9,
end DC-10 eircreft hae ehown this dreg increment to be e constent percentege (*82) of the besic pereeite
dreg.

The zero-1ift wing twiet dreg cen be obteined enalyticelly from an appropriete lifting surfece
theory such es the Giesing Vorter Lattice program (Refsrence 4).

The representation of the dreg due to lift for the perebolic pcler ie
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whare 'e' is the so-callad airplane efficiency fector which eccounts for the departure of lift depandant
drag from that dua to elliptic loading sud for the variation of parasita drag with 1l1ft. The induced dreg
may be writtan as the sum of an inviscid contributi~~ "nd e viscous contribution

c‘)i - (CD,_ i CD,_

inviscid viscoue,

The inviseid cor>ribution may be datermined from approrriata methods, such es those of Referencee 3
through 6 or 24, The viscous contribution to the induced drag must nacessarily be empiricelly determined
from rxparimental data. Tha parasite drag is lift dependent due to the thirkening of the boundery leyer as
tha prassure gredients incresse with increasing lift, and ie eesumed to be linear with lift coetficiant

squared:
Cp ) - 2,
( E viecous KCL
The total 1ift dependent dreg may then be writtsn ee c.2
L
cp, = (S ) +KC 2w
2 1 inviscid L e
from which
(&) |
inviscid
where —_— is meraly the slope of the celculeted inviscid drag poler. .

Cy

The pirsmeter 'K' has been empirically determined from evaileble flight measured low speaed dreg
polers and found to be primarily e function of wing sweep. Applying this empirically determined viecous
contribution, with the appropriata valua of the inviscid dreg polar elopa to the above reletionship, the
valua of 'e' was celculeted focr a veriety of configuratious, and is compered to the flight massured velues,
as thown 1!, Figure 40. As can be saen, tha zgreement is generelly guod. ‘1t is egein emphasized thet the
parebolic \olar is en epproximation, es fiight measured polers indicete some distortion from this. Given
that enough cerefully measured flight polare were availeble for a veriety of coufigureticns one could
undoubtedly urrive et edditional empirical relationships to account for this. 1t is, however, far wore
desirable to continue development of three-dimensional viscous enalyticel tcols which can provide e more
fundamental epproach to the solution of the problem.

3.2,2 Dreg due to Treiling Edge Flaps

The dreg increment due to the deflection of trailing edge flaps results from both e parasite drag
incrasse and an increase in inducad dreg. The psraeite drag increment due to the deflection of trailing
edge flaps presents cna of the more chellenging low speed characteristics to estimata., As previously men-
tioned, the non-eerodynamic shapes such es the flep ectuating structure vhich become exposed vhen the flaps
ara deflected creates a very complex flow picturs which is et best, difficult to essess. This is over and
above the consideretion thet no thres-dimensional viscous anelytical tools sre eveilable to provide e firm
theoretical foundation for eetimating the dreg due to flaps.

There ere, however, several promising two-dimensionel tachniquas which can assess the viecous
solution of erbitrary sulti-element eirfoils, such as References 7, 8, 9, and 25. Thase approeches ere,
bowever, limited in their ability to calculete drag. Goredie, in Reference 8, using &#n integrel boundary
layer solution, eccounts for the presence of the weke from e forwerd element. This epproech provides good
corraletion witb experimentelly measured boundery leyer charecteristics, though the reference does not pro-
vide any correletions with measured dreg date, Similerly, References 7 end 9, whils providing very good
agreement with experimentally measured prassure distributions and 1lift and pitching moment cherecteristice,
have not eddressed the dreg problem.

A first order epproach utilizing the potentiel and viscous eolutions for multi-elemant eirfoils,
is to seperetely epply to esch element the method of Squire and Young {Reference 26) which requires a know~
ledgs of the momentum thicknese end the potentiel flow velocity et the treiling edge. This epproech works
quite well for eingle element eirfoils (Reference 27). It does not, however, lend itself to multi-element
airfoils, partly because it does not consider the complex merging effects thet occur with the boundery
layers of the verious elements., More fundamental than this may be that the underlying assumptions to the
method era violeted in the presence of the esymmetricel and highly curved weke aseocieted with multi-element
eirfoils under high lift conditions. 1n the final enalysis, the true solution to calculeting the dreg for
multi-element airfoils musi lie in extending the calculetion dowvnstreaaz into the weke, and dstermining the
velocity distribution in that region.

One is left, then, with a dependenca on experimentel date for calculeting the parasite drag of
treiling edge flaps. References 10 end 28 provide experimentelly dsrived section paresite drag increments
for reletively simple fleps, such es eplit fleps end single slotted flaps but do not provide deta for more
sophisticated double and triple slozted fleps, such es thosa currently in wide usage on tremsport aircraft.
There era verious weys of correcting this section data to three-dimensional values to adjust to part span
levela, such es given in Reference 28. Where previously eeteblished section dete do not provide levele of
flap perasits dreg for mors sophisticated treiling edge fleps, this level must be extracted from three-
dimensional dete for similar geouet:y,

Ths induced dreg increment due tc the deflection of trailing edge flaps results from the dietor-
tion in span loading et e constant lift coefficient, that ie, e twist dreg increwent, Thie increment is
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fer more amenabla to analytic traatment than is tha casa for tha parasita drag incremant. Tha difficulty

is that tha determination of this increment hss no tastability; that is, it cannot Le detarmined par sa from
exparimentel maesuremants sinca any three-dimensional dreg increment dua to flep deflaction includes both
the parasita and inducad dreg contributions.

Ths essumption must, tharefora, ba that if ths span loading can be accur:taly calculated, than tha
resulting induced drag is implicitly corract. Tha various lifting surfaca theories can be sppliad to sccu=-
rataly calculate ths span loeding for clasn wings with no flaps. This task requires considarably mora care
in tha casa of large flep daflactiona. Given that an sccurata raprasentation of the effactiva camber line
can be made, good agraement between calculatad and measured span loadings can ba achiaved using mathods such
as tha vortex lattica lifting surface thaory of Refarence 4. Figure 41 shows such a corralation for a part-
span double-slotted flep daflacted 50°, indicating good agreement. In principal than, the rasulting inducad
drag increment due to the distortion of tha loading ovar and abova the basic clean wing loading will ba tha
appropriete vslus,

Tha total flap drag incremant is than
ACp, - (ACD ) + (ACD)
EER P/rLap  ruap
whare (ACDP) is the saction value adjusted for span and (ACD ) is the valua of inducad drag dua
FLAP 1/FLaP
to span loading distortion.

3.2.3 Drag dua to leading Edga Davicas

The astimetion of the drag incremant due to laading edga davices is as difficult, if not mora so,
than thst of tha trailing adga flaps. In attempting to analytically calculete the section parasita dreg of
a laading edga slat by the Squire-Young method, based on the potantial flow end viscous solutiona from tha
msthod of Refarence 9, which do not considar the pogsibility of separated flow on tha slat lower surfaca,
ona finde even more dispecrity betwaen thaory snd axpsriment as shown in Figure 42. A sacondary message to
this figura might be notaworthy to tha designar, in that tha thaoretical laval might rapresent something
of a lowar bound of dreg to strive for as a goal.

The vary wida variety of laading edga davice geometrias which can ba ueed for improving low spaad
charactaristics, such as slats, slots, and leading edge flaps, makas it difficult to lend evan en empirical
approach to the estimation proceas. One is than left with an almost completa dapandance on experimental
data to astimate tha drag increment resulting from a laading adge davica.

3.2.4 Miscallaneous Drag

Sevaral additional considerationa of drag must ba made prior to arriving at the total drag char-
actaristics for any airplana in tha high lift configuration. Thara are several increments of drag which
must ba included for landing or rajacted tekeoff calculations, such as dreg due to spoilars end landing
gear. Within tha axpsrience of this euthor, no methods as such axis: for calculating this typa of drag
increment. Both of thase examplas ara strongly configuration depandant; spoilar drag, for exampla, is not
only depandent on tha typa of spoiler but tha typa of trailing edga flap system as well. This rssults from
the apoilars saperating tha flow ov.r tha flaps, and increasas with increasing flap daflaction for a fixed
spoilar geéometry as can ba saen in figure 43, for sxampls, from the spoilsr drag incremant for tha DC-9
airplana as measurad in tha wind tunnal. The leval of drag dua to spoilers for no flap deflection could
prodably ba astimatad from simpla considarations of the drag of flat plates normal to tha flow. This is,
howavar, only a small portion of tha total drag due to spoilers et high flap daflections. Additionel con-
tribuiions to tha spoiler drag result from changes in the inducad drag charactaristics dua to distortion in
the spén loading, and dua to ths fact that the spoilar is operating in an incraseingly highar valocity field
as flap daflection ie incrassed. Tha drag incremant due to spoilars is best obtained from wind tunnel data.

This is similarly true with the drag incremant dua to landing gear. Referencae such as 22 can ba
used to estimata the parasita drag of wheele, etruts, cavitias, doors, atc., Howaver, tha drag in:ramant
may vary with flap duflaction, dapending on the relationship of tha gaar gaomatry to tha flap systam. Pre-
sumobly thir rasults from tha downwash field inducad by tha flape, This cen ba seen in Figure 44 for the
exparimentally measured landing gear drag incremant for tha DC-8 airplana; this sama trand of decreasing
drag increment with incraasing flap daflaction ie aleo evident on tha DC-9 end DC-10 eircraft.

Two othar drag contributions must be considered for the low speed performance calculations which
result from balancing tha forces and wozénts on tha airplane, that of longitudinal trim, aad thet of lateral-
directional trim in the instance of a thruat loss dua to engina failure.

Tha balanca of forcas end moments to be coneidarsd for the longitudinal trim ceea is shown in the
force diagram of Figure 45. This results in = change to the total airplane drag due to the load carriad on
tha horizontal tail. Tha trim dr.g increment is made up of thraa main componants, which are, for a fixed
level of airplana lift coafficiant: 1) tha changa in tha airplane tail-of¢ induced drag due to tha lift
on tha horizontal tail, 2) tha induced drag of the horizontal tail, and 3) tha drag (or thrust) incrament
dua to rotation of tha tail 1lift vector which reeults from inclination of the local cnset flow in tha pre-
senca of tha wing downwash fiald.

Tha level of trim drag incremant ie primarily dapendant on the airplana teil length, the amount
of static margin, and the amount of high lift system employed. In ganaral, the amount of uncerteinty intro-
duced will ba dapendant on tha accuracy of determining the pitching momant and the downwaeh at the tail.
Figura 46 prosidss an indication of tha sansitivity of the trim drag increment to thasa parametars for a
typical tranepoert airplana trimmed in a climbout configuration. As can be saen, the trim dreg reprasents
roughly fiva parcant of tha total eirplane drag at tha V, condition. For thic particular casa, tha trim
drag is ralativaly insansitive to sccuracy in pitching moment, thara baing less thau one quarter of cne
parcent changa in airplana drag for a 10X changa in pitching moment. However, it is evidsnt that the trim
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drsg has considerable sensitivity to the downwash accuracy, in that an uncertainty of .5° can result in a
one percent change in total airplane drag. The significance here is that the dowrwash should best be
determined from wind tunnel tests, since there are no suitably accurate methods for predicting the strong
3-D effects which can be encountered in the high lift configuration.

The balencing of forces and moments to be sccomplished in the event of an engine failure is shown
in Figure 47. This must be considered in takeoff computations as the airplane must be able to continue a
takeoff in the event of engine failure at a speed equal to or greater than the decision speed, ea previously
discussed in the introduction, Balancing the resulting asymmetry will result in an incremental drag. .

The loss of an engine es shown in Figure 47 vill introduce a yawing moment due to the thrust
asymmetry snd ths vindmilling jet drag on the engine which has been shut down. This yawing moment can bs
balanced by side force due to sideslip and rudder deflection. This net side force can then be balanced by
varying smounts of bank angle; however, the airplane vill generally be flown with wings level (0° bank
angle) which will then require some sideslip. The sideslip and rudder deflection produce a rolling
soment vhich must be balanced by deflection of ailerons and/or spoilers. The net result of the loss of
an engine which produces an asymmetric thrust is that the airplane must be balanced in yawing moment, side
force and rolling moment, This results in drag increments due to nideslip, rudder and aileron (and/o:
spoiler) deflections, winduilling engine drag, and, if the atirplane is not flown wings level, there will be
a slight increment in induced drag due to increased angle of attack to msintain level flight.

Clearly the estimation of theoe forcea is not a simple matter, There are empirical methods depen-
dent on gross parameters such ea tail length and engine moment arm, which suffice for preliminary design
work, Zor a more careful analysis, however, the lateral and directional characteristics must be known from
vind tunnel measurements. A representative drag increment due to engine out condition is shown in Figure 48
es determined from wind tunnel measured characteristics, for a range of sideslip angles. The verious com-
ponents of the total drag increment are 8iso shown in the figure. For the particular geometry represented
here, the drag increments due to rudder deflection and sideslip dominate the picture as contrasted o the
various other increments; this picture will, of course, vary for different configurationa.

3.2.5 Drag in Ground Effect

During the course of grouad takeoff acceleration, or deceleration during landing when .the airplane
is in proximity to the ground, it experiences a reduciion in induced drag. This results from a reduction of
the downwash from the 1lifting fiald of . . wing. The methods of Wieselsberger (Reference 19) and Tani
(Reference 20) previously discussed can be applied with good success to the estimation of the drsg reduction.
A comparison of the estimstions using both these methods is shown in Figure 49 with experimentally measured
dsta for a configuration with flaps retracted and slats extended. As can be seen, the theories do a reason-
able job of eatimating the induced drzg reduction., In addition to these two methods, a calculation is shown
based on the vortex lattice lifcing surface theory of Giesing (Reference 4) for the wing and its image. As
can be sesan, there is essentially no difference between the lifting suvface and the simple lifting line
crzepts, An additional correlation is shown in Figure 50 for several flapped configurations using ths
mathod of Reference 19 for ground heights encompassing the range of angles of attack tested. Again, good
agreement is shown in the linsar region beyond which the method overpredicts the drag —~duction. As pre-
viously discussed, the sensitivity of takeoff ficld length to drag is rather small, except in those cases
wherein the airplane is second segment climb limited, which iz determined by drag out of ground effect.

3.2.6 Total Configuration Drag

The buildup of the total drag of the complete airplane polar in the high lift configuration is
assumad to be a component buildup referenced to the clean configuration; the total drag is then

c 2
L
= o * e * ADrrar T 4CDsiar * ACDmRIM * 2CDgEAR

wvhers Cp_  is the clean configuretion drag at zero lift, and ‘'e' 1s the efiiciency factor for ths clean
configuration. This is an artificial approach in the sense that the clean configuration would not be flown
at the same lift coefficients as those of the airpiane in the high 1ift case. However, experience with the
DC-8, DC-9, and DC-10 transport aircraft has shown that this represents a reasonably accurate method for
estimating the high 1ift configuration drsg characteristics. This process is illustrated in Figure 51
which shows the huildup of the various couponents of drag which comprise ths drag polar for the landing
configuration, As noted in the figure, this type of buildup does not imply that the slope of the polar in
the high lift configuration is the same as that of the clean configuration. In general, the high lift system
will, of course, improve the flow quality in that flow separstion is reduced and additionsl leading edgs
suction is recovered so that the effective 'e' of the polar is higher in the high lift case than that of
the clean configuration. This is manifest in the estimation process in that the flap and slat drag incre-
ments are dependent on lift coefficient.

Ths ;vlar shown in Figure 51 is for a lending cese with landing gsar down. High lift polars for
othsr configurations can be built up in a similar manner, incorporeting other drag increments such as thst
due to spoiler deflection, engine out drag, or drsg in ground eff.ct, as appropriste. Correlations of
polars estimated in this manner with both wind tunnel messurements and flight messurements will be presented
in subsequent discussions.

3.3 Pitching Moment Characteristics

Pitching moment characteristics enter into airplane performance in both a direct way and an indi-
rect wey., The direct way is with regard to the flying qualities of tiie airplane, particularly in the stall
and post-stall regimes. The indirect way is the msnner in which pitching moment characteristics must be
balanced to provide longitudinal trim for the airplans, and ths rssuliing effect on trimmed 1ift end drag
characteristics. For the present discussion, the concern will not be with flying qualities, but rather
with the determination of the magnitude of pitching moment characteristics for assessing trimmed character-
istics.
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Pitching moment coefficient is e difficult parameter to determine eince it requires an accurete
description of tha chordwisa loading across the spen of e conflguration, ae well ee fuselege effects.
Applicable mathods consiet of empiricel epproachse, 1ifting eurfece theories, end full three-dimeneional
lifting potentiel flow eolutione.

. Referenca 10 provides an empirical epproach for cslculeting pitching moment characteristics for
configuretions with end without high 1ift devices. This procedure is besed on an aveilability of eppro-
priate section pitching moment cherecteristics; the section charecteristice can be determined with reason-
abla eccurecy for arbitrery high 1lift geometriee by ¢ euiteble two~dimensional potentisl and viecous flow
solution such es Reference 9 ee was previously shown in Figure 27. Due to e lack of experience with this
epproech by the author and hia colleagues, no eveluation of it can be preeented.

Repreeentativa evailable lifting surfece theoriee are the vortsx lattice theory (Reference 4)
which hae bean diecuseed previously, end the elementary vortex distribution method (EVD) of Reference 29.
Tha finite element EVD mathod was originally developed for powered 1ift syetems but has proven to be e
valusble analytical tool for winge with unpowered high 1ift eystems es well. In this epproech, the wing
ie repreeented by e sheet of infinitesimal horseehoe vortices loceted on their horizontel projection plane,
The Loundery condition to be setiefied is one of tangentisal flow on the wing eurfece. The Kutta condition
ie satiefied by requiring the vortex strength et the treiling edge to be zero. The formuletion of this
method consiets of dividing the wing planform into e eet of rectanguler boxes, upon which a compoeite set
of elementary vortex dietributions is constructed et any givan epanwise station., The chordwiee vortex
distribution will primarily consiet of e eeries of trianguler elements.

The ebility of both the EVD and vortex lattice lifting eurfece theorles to eccuretely celculete
the dateils of chordwiee loading is ehown in Figure 52, which comparse calculated and experimentelly meas-
ured chordwiea pressure distributions at two eperwise etationa on e planar wing at 4° angle of etteck. It
would eppeer that both methods provide equivalent levsls of eccurecy in terms of good agrsement with experi-
mentel resulte, However, as ehown in Figure 53, this eccurecy ie not cerried through to the ebility to
estimete pitching moment cheracteristice. While both methods provida egreement with the lsvel of pitching
moment at zero C;, the elopa of the curve is only in feir egrsement eccording to the vorfax lettice
theory, and lese eo for the EVD msthod.

A fully three-dimensional lifting potentiel flow eolution can provide e good repreeentation of
pitching moment characteristics for a wing elone geometry, as ehown in Figure 54, The method of Reference
30 wves used to calculete the pitching moment charecterietics for a planar swept wing, and indicetee good
egreement with experimentel dete in the renge of lift coefficiante whsrein viscous effects ere not eignifi-
cent. However, ee s¢hown in Figure 55, ths agreement is rather poor for e swept wing with e fuselege. It
is not underatood whether this raeults from numsricel accurecy problems, or whathsr it is dus to the possi-
bility of strong viscous flow effects over the fuselege.

The difficulty of epplying the verious analyticsl tools with any confidence ie compounded for
configuretisns with high lift devices deflecteil. In general, within the lifting surfece tneories, the
fuselage ie represented by either elender body theory consideretions, or by eemi-infinite fuselages; wing
body interference effecte, pre.ent in the cleen coufiguretion as well, preeent possible edditional ineccu-
racies in the high 1ift case, 1. eddition, tha lifting surfece theories are generelly lineerizad so that
integretions for force cosfficient) are conducted in e horizontal plane which includae onliy verticel com—
ponents; thus whan e flep ie deflected, the component of moment due to the force acting in a horizontel
plene is not included. Furthar, viecous considaretions such es lerge peresits drag componsnts on highly
deflected fleps cen introduce eignificent errors.

The resulte of the epplicetion of the vortex lettice lifting surface theory (Reference 4) to a
svept wing fuselega combination is shown in Figure 56, compering celculeted end exparimantel pitching moment
increment due to flep deflsction, As can be seen, the celculeted velue is in arror by a factor of two,
probebly due to the reasons cited above. A comperison between axparimentel and calcuieted pitching moment
is ehown in Figure 57 for a complete airplane with flape daflected 20°, utilizing the method of EVD (Rsfsr-
ence 29). In this instence, the egreement is seen to ba relatively good in tsrms of slops ard level. To
some extent, howevar, this must be fortuitous, sincs the celculeted velue wes for wing alone end includes

no fuselege effects.

In the event that - rceiled pitching moment cherecteristics are requirad, three-dimensionel wind
tunnel tseting must be condu 4. At best ths verious enalyticel tools cen provide some indicetion of ths
level of pitching moment, but t strong viscous effects which datermine stebility cherectaristics cen only
be determined exparimentally.

4.0 WIND TUNNEL MEASUREMENTS

In tha final anelysis, the low speed high lift cherecteristics for e givan new configuretion
must ba measured in en appropriata wind tunnel to provida the high levsl of confidsnce nscessery for ths
initietion of e production program. This permits the dssigner to verify the astimatad cherscteristics,
end to identify end correct potential problam areas which could not be eccounted for in tha sstimation

process.

4.1 Two-Dimensionel Wind Tunnal Testing

While the wind tunnel remains es tha single device which can best simulete earodynamic cherectar-
istice, considereble care must ba axercised to iusurs that tha dasirsd flow conditions ars propsrly simuleted.
The complsta airplane cherecteristics must ba simuleted utilizing e thrae-dimensional scela wind tunnal
model; howaver, increasing use is given to detarmining certain componsnt cherecteristics by utilizing two-
dimensionel wind tunnels. The edvantages are besically due to tha wind tunnel mocdal simplicity end essoci-
ated reduction in cost es compared to thrse-dimensional models. Further, the rasults naed not ba orientad
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towards a speci<ic configuration, but rathar may ba ar,licabla to any one of a variaty of config.rations.
Indaed, es pointed out several times in the previous discussion, many astimstion methods are strongly
dapendent on a knowledge of two-dimensional charactarietics with empirical corractions to three-dimensions.

A representstive low speed two-dimensional wind tunnel currantly in use is the McDonnell Douglas
facility shown in Figure 58, The model is mounted betwaen two parallal floor-to-ceiling inserts that pro-
vida a two-foot two-dimensional test section. This type of tasting has certain associstad difficultias, the
single most difficult problem being tha assurance of achieving two-dimensional flow. Departura from two
dimensionality can result from two possibla sources: extermal brackatry attaching tha high 1lift aystem to o
the modal, and, far more significantly, wall boundary layar separation. Tha formar problem can be minimized
by relatively large span models and aerodynsmically claan brackatry, or may ba eliminated altogethar by
having tha high lift system support internal to the walls.

Tha wall boundary layar separation results from tha inability of the tunnel boundary layer to
nagotiate tha sevare advarse gradients imposad on tha wall by tha lifting fiald of the modal. The result-
ing wall boundary layer separation induces significant three dimensionality in tha modal flow fiald. Wall
boundary layar control is necessary to minimiza this problem eithar by blowing (Raference l1) or by suction
aas used in the McDonnell Douglas facility (Raference 32), Tha importanca of applying well boundary layar
control can ba eeer in Pigure 59 for a high lift configurstion. Tha iack of well suction results in both
a significant loss in lift and in non-linear 1ift charactaristics. In adéition, the pressure distribution
acrose tha span of tha vene and flap is highly threa dimensional in the absence of the euctjon. Tha appli-
cation of locrlized wall suction providu a reasonably good level of two-dimensionality scross tha span of
the various model componants.

Two edditional problem areas associated with two-dimensional testing tachniques are possible
floor and cailing flow separation, and the measurement of drag. According to Raferenca 31, the floor and
ceiling saparation can be avoidad by roughly following the criterion that cy(=)<2, where c/h 1is the
model chord to tunnal height ratio. This indicates that for chord to height ratios of about ona fourth,
velues of 1ift coefficient as high as eight ccn ba tolaracted without flocr or cailing flow aepaution.
With regard to the measurement of drag, the boundary layar control in %he wall introducas significant tares
in tha drag force direction which are difficult to measure; this usually results in the requivement that
drag ba measurad by a downstream waka eurvey, using one of the various methods reviewed in Reference 33.

Incorporation of the proper wall interference corrections (Reference 34) and attention to these
various problem areas can result in highly accurate two-dimensional measurements over complex high 1lift
shapes with several elements. This was previously demonstraced by the close correlation between theoreti-
cally calculated and experimental two-dimensional high iift characteristics discussed, for example, in
relationship to Figures 27 and 28,

4,2 Three-Dimensionsl Wind Tunnel Testing

The problem of insuring proper flow simulation for three-dimensional tes:ing becomes correspond-
ingly more complex than in two dimensions, resulting from a desire to correct the tunnel data to full scale
flight conditions. The jet boundary corrections normally applied are those of Reference 35 to account for
the presence of the wind tunnel boundaries on the model flow field.

The model support system used in conventional wind tunnel testing will interfere with the free
air flow about the model, Interference tares must be obtained to account for this effect, The interference
tares of a typical model support system can be found by using the procedure given in Reference 36, and illu-
sttated In Figure 60. In this method the sercdynamic cliaractetristics with model upright and {nverted with
image system installed (Runs 2 and 3 in Figure 60) are used to establish the dagree of flow angularity pre~
sent in the tunnal. The avaraga of the characteristics obtained for these two configurations will correct
for this angularity. The differance between these average coafficients, end those obteined from the model
inverted with no image system (Run 1) will then represent the complete interference tare correction to
account for both angularity and support system interference. This tare correction will then be applied to
the data obtained from the model run in the normal upright position, which is Run 4 in Figure 60. It should
be noted that to accomplish the interference tare analysis correctly, tares should be generated for each
major configuration tested.

The most significant parameter of concern in low speed high 1lifr wind tunnel testing is Reynolds
number. In order to simulate flight conditions, a Reynolds number as high as is practicable is desired.
Ordinary Reynolds number effects on skin friction due to Reynolds number differences between tunnel test
and flight can be readily accounted for. However, there are other significant, and well known Reynolds
oualer effects Jdus v flow aepararion which cannot be analyrically arrownted fore & clessic exwrple of
this is the Reynolds number effect on maximum 1ift, as shown in Figura 61, for a represantstiva high 1lift
configuration, For thia particular geometry, there is about a .13 difference in C over the range
of Reynolds numbers tested. Ex'parience has shown to e lerge extent thet the C dlues measured at
Reynolds numbers of ebout 6 x 108 egree reasonably well with flight. The dreg measurements at various
Reynolds numbers are shown by the representative data of Figure 62 for both a takeoff and a landing confi-
guration, The difference in drag due to Reyuolds numbers effects is significantly more than that due to
skin friction; it is, in fact, due to premiture flow separation., At lift coefficients which represent
climbout conditions, the difference between iow Keynolds number levels and that obtained at high Reynolds
number represents approximately 42 of the total airplane drag. At the higher Reynolds numbers e.g. between
4.9 and 6.0 x 105, the differences are attributable to Reynolds number effects on skin friccion, and can be
accounted for. This effect is even more dramatic for a high lift configuration representative of a landing
geometry, as shown in Figure 62, Clearly, the adjustment to the data for calculable Reynolds number effects
will produce minimum error at the highest possible test Reynolds number.

In sumty, then, t. produce an securate level of Nigh life eonliguraticu drag cheracteristies,
the data must be corrected for wall effects, support strut intarference, end edjusted fc: Reynolds number
differences between tunnel and flight, end finally, trimmed to flight c.g. locations. The significsnce of
these affects on represantative takeoff lift-to-drag ratio characte. istics is shown in Figure 63. As shown,




3 up— a
bttt It et o . e

>

2-15

these various effects ere not small, The largest edjiustment is that due to wall effects, being epproxi-
mataly 127 at rspresentetive climbout C;. The remaining adjustments eccount for en additional reduction
such that in going from raw tumnel data to flight simulatsd levels, en edjustment in access of 20X is
requirsd. Considerable cere must be exercised to insurs thet these verious adjustmsnts ers correctly
epplied if ons is to heve confidence in properly simuleting full scele levels.

How, then, do these m2asured charecteristics compare to those sstimated? From the dreg stend-
point, ths low speed polera es estimated sud measured for the DC-10 transport are compared in Figure 64
for representecive taksoff end epproach configuretions. The estimates of these dreg charectsristics were
obtained by e component buildup for the baaic clean eirplans end high lift system, es previously discussed.
The values wsre obtainsd from ths NASA 12-foot Pressure Wind Tunnel at Ames Research Center. The verious
edjustments as discussed above were epplied to these date. As cen be aeen, both polars ere in remarkably
close agrsement with the tunnel mesaurement. The estimated level for the approech conditions has e slightly
different slope than the messursd level, and is higher by approximately one psrcent in dreg. Estimated
polers for verious othsr flep deflections showed similar correletions in that the estimates were in close
egreement with the high Reynolds number levels as meaaured and eccordingly corrected to full scele.

This is not to imply thet one can always confidently expsct close egreement between the tunnel
measurements end estimates, Ths maximum 1ift coefficients through the rangs of flap deflections wsre
estimated for the DC-10 by the component buildup previously discussed. In addition, an estimate for e
degredetion in C dus to nacelle end pylon interferencs wes applied. Subsequent high Reynolds numbsr
wind tunnel testing ahowsd, however, that at higher flep deflections, the nacelle interfsrence effscts
were higher than originally estimated, resulting in a C for the landing configuretion which wes lowsr
than setimated, es shown in Figure 65. This condition IMO the wind tunnel development of the nacelle
strakes, a feature unique to the DC-10 {Rsference 37). The principle of the straks is shown in Figure 66;
as the engle of etteck iacreares a vortex ia shed from the strake and {lows ovsr the wing. As the wing
approeches stall, this vorte. moves close to the wing uppsr surfece, end ects as en energy transport device
with the free stream eir. This results in deley of the flow separetion which originates in this region
without the strakes. The effsct of the strakes can be seen in Figurs 65, which shows ths levsl of CLHAX
to be equal to or higher than the origincsl estimate.

The rind tunnel can, then, provide verificetion of estimatsd characteristics, and idsntify problem
ereas vhich cen be rectifisd at an early dete, This requires careful ettention to the edjuatment of the
tunnel data to proper full scale conditions, and testing et as high a Keynolds number as is practicable. In
the final anelysis it is the flight characteristica which determine the success of en airplane. A discussion
of certein pertinent problem ereas in flight meaaurements, and correletion between flight measurements with
eatimated and wi'd tunnel measur:d charecteristics follcw..

5.0 FLIGHT TEST MEASUREMENTS

The performance demonstreted in ‘1j,ut determinea the degree of success of sn airplane regexdless
of ths estimated or wind tunnel measured . _.recteristics. The commerciel aircreft certificetion require-
ments dictats an extensive flight progrer to demonstrete compliance with FAA reguletions; however, the
performance items demonstretsd ere usus L.y nct sufficisnt for the ecquisition of the highest quslity eero-
dynamic data. The additional time an’ ‘unds required for more suiteble flight testing can be judged to bs
too prohibitive since these deta are .ot directly applicable to csrtified performance. Another possible
source of lift snd dreg dete is from prototype and development “light test programs which ere conducted to
obtain e preliminary assessmsnt of the performance. If the aircraft is performing as expected end no
improvemsnt devices are being tested, the develcpment phess may be considerably shortened. The aircraft
1ift end drag must then be extrected from the certification performance data with supplementation from
dsvelopment flight testing.

5.1 Lift Cheractsristics

The minimum flying speed (vmin) from which C is determined, is extracted from e time
history trece of velocity for the various high lift configurdtions, en example of which is shown in Figure
67. The FAA requirements dictets that Vmi be demonstreted et a rets of entry into the stall of one knot
per second. Severel sntry retes are flown Tor esch high lift gsometry end the CLHAX et the one knot per
second entry rete is determinced accordingly as shown in Figure 68. The V velus of Cp is, however,
not pursly aerodynamic since complicated inertiel effects are involved in Tﬂ‘ denomtretion%ul CLHAx
velues cannot then be comparsd directly with estimated or wind tunnel predictions which are besed on a
steady stets (l-g) stall condition. The l-g value can be obtained from the flight date by esteblishing
the brsak in the normal acceleration time history trece es shown in Figure 67. In e feshion similer to the
v CLyays the 1-g Cp,... cen be determined for verious entry retss, alttough experience has shown that
;E%ne:fec of er.ry rate on l-g cLHAx 1is usually nsgligibls.

Coaplere free eir lifv curves below stell can be derived from eithsr steady stete spsed power
2oints, or from the speeds established through the performance of e V maneuver. DBecause of its highly
lynamic naturs the eveluetion of lift from the V maneuver requires accurate measurement of equivalent
e’ _speed, normal and axiel accelerations, ambient conditions, angle of attack, gross weight and center of
grevity location, In edditicn to the above perameters, the effscts of idle thrust, aeroelasticity, and
transitory trim and control inputs must be recognized. Representetive complete lift curves derived from
both V maneuvers and level flight date ere presented in Figure 69 for two different flap settings.
The Cp,,,,. values shown are the 1-g values. As can be seen, the lift curves cen be rsesonably well
u:ebligﬁi'd in this manner, though some scetter exists, varying from about one percent et cLHAx to two
percent et ths lower engles.

In addition to the flight curves shown in Figurc 69, the high Reynolds number wind tunnsl dsrived
1ift curves ers presented., The gensrel qualitative character of the wind tunnel lift curves is in good
agreement with the flight levels though some differeuces ere to be seen. There is some loss in slope et
ths higher arglss for both flap settings. In addition, for the higher flep setting, the tunnel level of
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CLHAX is lower than that measuzed in flight by about five percent. From these trends, one might conclude

that thie is a Reynolds number effsct, though there is mo way to firmly ascertain this. While the wind
tunnel provides good agreement in generel with flight, the turael vslues must elways be viewed vwith some
Judgement as to their absolute levels.

Lift chracteristics in ground effect, with landing gear just touthing tbe runway, are usually
extracted from minimum unstick speed (Vyy) or variable pitch attitude maneuvers. Constant pitch attitude
1liZtoff maneuvers have also been flown at angles of attack lower than for Wiy in an effort to obtain more
stable data. In obtaining lift characteristics in proximity to the ground, the effects of wind, thrust,
and pilot trim inputs are elso accounted for. The lack of an sirspeed system vhich accurately measures
sirspeed relative to the air in ground effect with high pitch attitude is still a major probler in data
scquisition. A correlation between flight measured and estimated 1ift curves in ground affect for a trans-
port airplans in a takeoff configuration is shown in Figure 70. The estimated curve is based on a free air
flight curve, corrected for ground effect by applying wind tunnel measured increments. The flight measured
level was obtained from severel constant pitch attitude flight points. As can be seen in Figure 70, the
in-ground effect 1ift curve is well defined, with s scatter band of slightly over one percent, and is in
good agreement with the estimated velue,

5.2 Drag Characteristics

The lov speed out-of-ground effect drag characteristics can be obtained from eitber engine-out
climb data or if aveilable from stabilized level flight speed-power points. The engine-out climb data con-
tain messurement errors associated with transients in thrust, airspeed, sltitude, temperature, and wind,
in sdditionm to the trim drag due to asymmetric thrust., This trim drag may b2 removed by suvtracting wind
tunnel measured trim drag increments from the flight test drag level. As can be seen from the data for the
various polars in Figure 71, the scatter band can amount to as much as 52 for drag data obtained in this
fashion.

Figure 72 presents severel polars obtained from stabilized level flight. These data were cor-
rected for accelerations or eltitude changes which occurred during data acquisition. As can be seen, the
drag dats obtained in this manner exhibit significantly less scatter than those obtaincd from the engine—out
climb maneuvers, being in ganeral on the order of one percesnt.

The measurement of lov speed drag iun ground effect has mat with limited success primarily due to
the fact that stesdy maneuvers have not been obtained in ground effect. Ground effect dats are acquired
from zero angle of sttack ground scceleration runs and at 1iftoff, The influence of the rolling coetfi-
cient of friction during the ground acceleration is much stronger than the drag for dynamic pressures at
and below liftoff speed. The dynamics at liftoff introduce a large degres of uncertainty which is com-
pounded by the uncertainty in lift measurement. Ic any event, this particular characteristic hes a relatively
saall effect on the takeoff ground roll, and is not a characteristic that is demonstrated for certification.

The previous discussion has elaborated on the various problems associated with acquiring good
quality flight test drag polars. A similar discuasion was presanted in Section 4.0 with regard to wind
tunnel data. How then, do wind tunnel and flight measured polais compare after one hes exercised the
greatest possible cars in insuring bigh quality data? Two reprraentative comparisons are shown in Figure
73 for the DC-10 transport aircraft with two different flap srctings. The tunnel data were obtained from
higb Raynolda number wind tunnel tests and adjusted to full scale levels as previously discussed. For the
lower flap deflection, it can be seen that the wiri tunnel is in veiy good agreement with the flight measure-
ment throughout the ringe of 1lift coefficients. On the other hand, for the higher flap setting, a difference
in slope for the polars is observed, in that the tunnel measurement indicates a slightly lower drag due .o
lift than measured in fligh>. As previously discusaed, ths wind tunnel levels of drag are quite sensitive
to tunnel wall corrections and to system support interference tares; these effects could be the cause of the
slight discrepancy in the slope of the polars. At any rate, this discrepancy is suall, and for this parti-
cular comparison the polars cross at the C; of interest, the C; for V; speed. 1t is the general
experience at the Douglas Aircrsft Company that for transport ajrcrsft, the high Reynolds number derived
low specd high lift drag polars are in good agreement with flight maasurements, indicsting that the wind
tunnel provides s very good indication of the drag characteristics to be expected in flight.

The final accounting occurs when the correlations betweeu nrginal estimatcd characteristics and
flight measurements sre made. If the original estiration is made based on high Reynolds number wind tunnel
measuzesents, s high chance for succesa is indicated. This is in genersl not elways the case. Considerable
wind tunnel develgpment work may occur after s guarantee is made on an airplane, such that the performance
charsctsristics may be based on estimation methods such as those previously discussed., Severe penalties
may be imposed if guaranteed performance is not met; on the other hand, having too wuch conservatiam built
into tbe predictions could result in underselling the potential of the aircraft, or in fact, penalizing it
unnecessarily due to over-design. It is desired to provide an estimats which will in the end agree very
clesely with the final flight demonstraticn.

Comparisons are made in Figure 74 of estiwated and flight massured polars for the DC-10. The
estimated polars weare built up entirely by the previously discusaed mathods. For the lower flap setting,
the estimated lsvel is in good agreement throughout the range of l1ift coefficiants with a slight amount of
conservatism in the estimate amounting to about one percent at the for V,; speed. For the higher
flap setting, the polars have slightly different slopes auch that the estimats has overpredicted the drag
at lower C;’s and underpredicted at the higher CL'u . The differencs st the C; for V,, 1is hovever,
negligible.

6.0 ASSESSMENT OF PRESENT STATE-OF-THE-ART

From the previous discussion concerning the various methods available for estimating airplane
charscteristics, it becomea clesr that a wide range of wmethods exist from full three-dimensional analytical
tools to two-dimersional ones with empirical adjustmantt to three dimensions, purely empirical approaches,
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and in some instances no method beyond direct epplication cf the wind tunnel date evaileble for the sppro-
priate geometry. A summary of the various types of availeble methods is shown in Figure 75. In general,
it can bs concluded tua. the full enalytical treatment of low speed high 1ift charecteristics does not pre-
sently exist., A largs portion of the high lift cherecteristics is strecgly dominated by viscous effects,
such as the perasite dreg increments dux to high 1ift system deflection, end more perticulerly, maximum
l1fr.
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Whet then, do we preeently have? The erea of high 1lift charecteristics most amenable to enalytic
treatment is ths lift prior to stell. This is basically because for well designed high lift systems there
ie no flow separation and viscous effects do not dominate the flow picture., For these cases, inviscid
representation of the flow provide e reasonable epproximation; the slight viscous effects in the ebsence of
flow ssparetion ere compenseted in lifting surfsce theories by some extent due to the neglect of thickness
efiects. It has been shown that sophisticeted lifting surfece theoriss can do a reasonable job of pre-
dicting lift curve slop~, end the lift increment et constent engle of atteck due to flap deflection. With
rsgard to the letter cherecteristics, far more sophisticeted two-dimenaional epproeches can be brought tc
bear on the problem. Potential flow solutiona exist which can calculete the exact potentiel flow for multi-
element airfoils of arbitrary shape, Appropriate boundery layer solutions are eveilable which cen modify
the potential flow solutions for viscous effects, in the ebsence of separeted flow regions., While these
mathods provide quite remarkable levels of eccurecy for e variety of high lift geometries, they ere limited
to two-dimensional flows, end therefore require a csrtein degree of empiricism to edjust to three dimansions.
This capability provides e good degree of eccurecy in estimating lift incremen. due to flap deflection.

The verious lifting surfece theories can elso be applied with some success to the estimation of
pitching moment cherecteristics. The pitching moment et zero lift and the slopa of the pitching moment
curve can be sstimated with reasonable sccurecy for the clean configuration, although the inability to eccu-
retely treat f‘uselage effects can ceuse e loss in eccurecy. Depending on the extent to which the lifting
surface theo.y can provide details of the chordwise pressure distribution, the pitching moment due to flep
dsflection cen be estimated, though with limited success. The verious lifting surfece theories provide a
good description of the spen loeding charactsristics of wings with fleps deflected, and with fuselsge
effects. This implies that the resulting calculated induced dreg with fleps deflected is then correct,

Whet thsn ere the shortcomings ¢f preeent methodology? The determination of the drag increments
(aside from induced dreg) due to high 1ift devices is presently dependent either on highly empiricel tech-
niques, or in some instances, directly on the wind tunnel. It is doubtful that thia problem will ever be
completely amsnable tr snelytic trestment, dus to the many non~asrcdynamic shapes preasent in cthe flow with
1ift devices extended. However, the development of fully three-dimensional boundary layer solutions should
lend a sound analytical backing .to the estimation process. A further benefit of the availability of such
a method is the provision of a more fundamental understanding of the associated flow phenomenon which must
ultimately lead to improved high lift system design,

Much the ssme situstion exists with regerd to the estimacion of manimem lift coefficlent. "hate
is some scundness to the estimation process for ths maximum 1ift for the besic wing, though this must be
fortuitous to some extent. The ebility to enalytically cslculete the maximum lift for wings with arbitrery
multi-element high 11ft systems depends egain on the development of full three dimensionel viscous tools.
The problem does not stop here, however. Analytical modeling must be developed for sepereted flow regions,
since maximum 1ift will frequently occur with signlficant amounts of flow separetion present on the geometry.
At present, this is a formidable enough task for two dimensions, and it seems r ble to that the
solution for erbitrery three-dimenaionel wings will be correspondingly more difficult.

Many highly complex problems such ss Mach number effects snd interference effects do not seem
amenable to analytic treatment in -he near future. In the flnal enelysis one must resort to the wind tunnel
for a reelistic eassssment of the magnitude of these sffects, Experience has shown that iow speed high lift
cherecteristics, including interference effects can be assessed in the wind turnel, provided the Reynolds
number is sufficiently high. On the¢ contracy, low Reynolds number testing may give misleading cheracter-
istics.

A perticular problem erea which wes not eddressed ln ths main text of the paper concerns the leck
of evailability of analytical tools for estimating low speed high lift cheracteristics of low aspect ratio
highly swept thin wings associated with configurations such as supersonic trensport alrcraft. Experimental
studies (References 38, 39) heve shown that even st lov angles of ettack, the flow over such wings seperstes
from the leading edge and rolls up lnto spiral vortex sheets, ea shown in the sketch of Figure 76. As dis-
cussed in Reference 39, flow attechment lines hsve been ohserved inboard of the vortex sheets snd indicete
thet the air ls drawn over the vortex sheets and accelerated downwerd. The result of this flow phenomenon
is a strong deperture from cherectsristics predicted by ordinary inviscid considerations. The presence of
the vortices induce strong local suction peaks which result in an increase ln lift, usually referred to as
vortex 1if:, relative to that predicted by llnear theory. This increese in l1lft cen be equivalent in magni-~
tude to the basic potential flow lift, ss shown in Figure 76 for a 75° swept sharp leading edge delta wing.
This drastic chenge in loadlng cen significently slter the pitching moment characteristics depending on the
wing geometry. The jacreese in lift may be desirable in some lnstances to help offset the low lift curve
slooe associated wirh low aspect retlo wings; there is, however, an attendant increase ir drsg due to the
loss of leadlng edge suction resulting [rom the leading edge separetion. The magnitude of this drag incre-
ment can bs seer. in Figure 77, obtained from Reference 40, for a 60° delte wing. The drsg due to liftc, 4Cp,
as experimentally meesured is compared to the theoretlcal upper and lower bounds o dreg due to lift. The
lower bound, 100X leading edge suction, results from drag due to lift for an elllptic loading and is
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The upper bound ls for the complete loss of leading edge suctlon; in thls instance the resultant force acts
normal to the zero lift line of the wing, or in the case of a flat wing, normal to the surfsce, sad so the
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The experimental drag lies in betwean these boundaries, indicating that there is a significant loss of
leading edge suction,

A very simple approach to calculating the 1lift and dreg charecteristica in the presence of lead-
ing edge vortex flow wes postulated by Polhamus (Reference 38). The basic essumption of the method is that
the presence of vortex flow creates a force normal to the wing chord which is equal in magnitude to the
leading edge suction force which is predicted by potential flow theory. Underlying this 1is the basic essumy-
tion that the tc force acting ou the wing essociated with the pressures required to maintain the equilib-
rium of the flow over the separeted spiral vortex shest is essentially the same es the )aading edge suction
force essociatad vith the leading edge pressures required to meintain ettached flow eround a leading edge
redius, The flow pattern in both cases is somavhat similar, except that for the sharp leadicg edge-separeted
flow condition, the force ecting on the wing will act primarily on the upper surface rather than on the lead-
ing edge. Bhataley, et al, Reference 41, have extendad this coucept to vings of more complex planform by
essuming the normal force introduced by a sepereted tip vortex on the side of a wing with e finite tip is
identical to the tip suction force on that side.

The epplication of this remerkably simple so called "lesding sdge suction analogy” leads to e
very good eccurecy in estimating the 1lift and dreg charecteristics fur flat wings with sharp leeding edges.
The resulting estimsted 1ift end drag cheracteristics, for example, for en aspect ratio 2.0 dalta wing are
seen to be in good agreement with experimental valuss, as seen in Figure 78, At the very high angles of
ettack, the test values of lift are sesn to ultimately fell below the predicted levels. This resulta from
e breakdown of the vortex flow, which is initiated at some point in tnc wake downstresm of the ving trailing
edge, and moves :1.rward es the ving angle of ettack is increased.

The shortcoming of this "leading edge su.®ion analogy” method is that it is limitel to wings with
sharp leeding edges, and zero twist and camber. In general, wings associeted with supersonic transport conm—
figuretions will be highly twisted and cambered from suparsonic cruise dreg minimizetion consideretions
and, from low speed considerations, will possess some lesding edge camber end radius, either inhereatly, or
es ¢ result of sechanical devices. Depending on the raquirwments, there msy be trailing edge flaps intro-
ducing additional camber. The pr of a finite lesding edge radius may parmit the ettaimment of partial
leading edge suction. An edditionzl limitation, whether for plane or cambered surfaces is that the chord-
vise distribution of the amalogous lesding edge vortex normal force is not known; this limits the epplice~
tion of the approach iu computing pitching moment characteristica, An assessment vas made of the eppli-
cability of this method to vings vith twist end camber, and vith non-zero leading edge radii.

To accomplish this essessment, the low spaed charecteristics of e highly cambered 72° swept low

espect retio ving-fuselage combination were calculeted and compared to experimentally measured resulta.

The besis of the potential flow solution is the vortex lattice lifting surfece theory of Lamar and Margeson
(Reference 5). In this scheme up to 120 horseshoe vortices are used to descrive the wing-fuselage-tail
1ifting system. The configuretion is divided into e number of panels (one horseshoe vortex per panel) end
the distribution of horseshoe vortex strength is calculated to setisfy e no-flow condition through the mean
line of the configuration et the 3/4 chord point on the median of esch penal. T.is distribution of circu-
lation along with the calculation of lesding-edge suction permits the calculation of 1lift, drag, and pitch-
ing moments.

The -ilculeted end experimantal resulta ere shown in Figures 79 end 80 for e clean configuretion
end e high litt configuretion raspectivaly. The essocieted wving plenform and paneling used in the lifting
surfece theory ere shown as inaet sketches. To simulete the flaps in the Lamar Margason program, the camber-
line slopes of several panals vere edjusted to represent the deflected fleps. As the spanwise positioning
of the panaling did not exactly coincide with thet of the flaps, paneling wes utilized to provide equivalent
ares and span of the ectual flaps.

The calculeted characteristics ere presented both with and without vortex lift. As cen he seen
in Figure 79, the initisl 1lift curve slope for the purely inviscid case is in ressonable agreement with the
experimental results; however, the experimental data rapidly depert froh the linesr characteristics, exhi-
hiting e clessical example of leeding edge vortex formation., The eddition of the calculated vortex 1lift
ir_remont to the inviscid level provides remarkably good egreement with the experimental level. The experi-
maitsl dreg at zero 1ift has been added to the calculated dreg due to 1lift in both ceses for comparative
pt ‘poees. The exclusion of any leading edge vortex effects results in e dreg dus to lift considerably less
thun the experimental level es would he expected since this represents only the inviscid induced drag for
the eppropriete loeding. Adjusting the drag leval to the zero leading edge euction level eccording to the
leading edge suction analogy results in closer egresment vwith experiment. The calculated level is somevhat
higher than experiment which mey he due to the msintenance of some leeding edge suction, or may be due in
pert to ‘he inability of the msthod to establieh the direction in which the enalogous leeding edge suction
force, and the aseocieted dreg, is ecting for highly twisted and cambered surfeces.

Beceuse the leading edge suction enslogy does not provide any deteils ebout the chordwise distri-
hution of the flow, the moment calculaiions ere necesserily shown only for the inviscid solution. As can
be seen et the lower lift coefficient, the slope of the calculated moment curve is in feir egreement with
the experimental level, although the level of zero lift pitching wmoment i{s in rather poor egreement.

Similer commenta epply to the correletion showm in Figure 80 for the flaps deflected case. In
general, there is a larger departure of the calculated level from the experimsntal values than for the
no-flaps cese. This mey, in part, he due to the flep panaling epproximation in the vortex-lattice wing
model. but more significantly is probably due to the inahility of the lesding-edge suction analogy to
handle cambered and twisted eurfaces. Another primary problem with the leeding-edge suction analogy ie
that it is directly releted to the level of lift present in the syetem. That is, the actusl intent of the
analogy vas for applicetion to sharp 'eading edges, so that full loss of leading-edge suction occurs et
the onset of any lift, however saall. .'» provision is allowed for msintensnce of e substentiel portiom of
leeding-edge suction as in the case of cambered leading edges.

The inability of various mathode to accurately calculete the dreg due-to-1ift is grephicelly
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presented in Figure 81, For this summary the raletivaly simpls case of e clean wing with no lesding or
trailing edge high 1ift devices wes utilized, which is the same geometry es that in Figure 79. The upper
chart presents, for convenience, the clessical uppar and lower boundaries of full and zero lesding-edge
suction respectively. As seen, through the high C; renge, most of the leading-edge suction has been
lost. Verious analytical solutions ere presented in the lower figure; the leading-edge suction enslogy
provides the closest egreewment with experiment. The near field solution wes obteined from Reference 3,
using the lifting surfece theory of Woodwerd; it would be expectad that this calculated dreg would be sub-
stantially lower than the experimental level, which is clearly not the case. This is due to en inability
of tha Woodverd solution to complately describe the lesding edge suction pesk, with a consequent overly
pessivistic neer-field solution to the dreg. The Trefftz plane solution was obteined utilizing the span
loadiag from the Woodwerd program, Ome edditionsl level is shown using an eirplane efficiency fector, ‘e'
of 0.8, This velue wes calculeted from the empiricel method previously discussed. Clesrly none of these
epproaches provide any high degree of accurecy for celculeting dreg due-to-lift,

In order to address this problem in tha enalyticel sense, fully three-dimensional potentiel end
viscous flow tools ere needed. The tools for calculating three-dimensional lifting potentiel flow cheracter-
istics for erbitrary configuretions alresdy exist in the stete-of-the-ert; the Dougles three-dimensional
lifting Neusann program (Reference 42) is en example of this type of method, The three-dimensional Neumann
program is an exact method since no epproximations are made in the besic formulstion es is dons in both
small-perturbetion and lifting surfece theories. This epproech consists of representing the configuretion
by epproprietely distributed panels. The configuretion is separated into verious sections such es wing,
fuselege, horizontel and vertical teil, which can be designated lifting or non-lifting; i.e., ¢ fuselege
is assumed to be non-lifting while wings, teils, etc. ere considered lifting. The elements which make up
the sections ere than used to locete distributions of sources and doublets to generete tha desired potentiel
flow solutions. Each lifting section must, in additicn, heve an essocieted semi-infinite wake.

The extent to which this potential fl.w method can describe the local deteils of the flow on e
highly swept wing is indiceted in Figures 82 and 83, utilizing experimentelly messured surfece pressures
on the 72° swept wing of Reference 43,

Figure 82 presents e correletion of the moasured end theoreticelly celculeted pressure distri-
butions et e relatively low engle of etteck prior to the onset of any flow separetion. The charecter of
the pressure distribution is represented quite well by the Neumann potentiel flow solution, particulerly
on the outer penel wherein the lesding edge is highly loeded. It is noted thet the mid-spen stetion hes
not been represented in tha immediete vicinity of the leeding edge, es contrested to the other stetions.
This may ba due to the formation of e local separetion bubble snd subsequent reettachment, or it may be
that e more accurete paneling representation of the leading edge is required. In contrast to this corre-
letion is one presented in Figure 83 et e high angle of attack wherein viscous effects are predominant,

On the inboerd end, the level of loeding is seen to be reduced reletive to the potential flow solution even
though the flow has not sepereted. This is due to the decambering effect resulting from the boundery leyar
displecement thickness, which increeses with increased loeding. On the outboerd end of the inner penel, e
drestic deperture of the flow from that predicted by the potential flow solution is evident. This is very
clesrly due to the formation of the leeding-edge vortex, centered about 20% eft of the leading edge, The
deperture from potentiel flow is even more evident on the outer penel. The vortex flow is strongly evident
on tha inner portion of the panel, end complete flow separation is present on the outer portion,

An ettempt o analytically modal the flow pettern such es that shown in Figure 83 presents a for-
mideble challenge to the theoreticien. This requires a fully three-dimensional boundary leyer method,
which coupled with the existing potentiel flow solution cen provide the initiel key to the problem, namely
to establish the conditions which ceuse the flow to breskdown st the leading edge. Once this phenomenon is
understood, then analytical methods must be developed to model the vortex flow end the seperated flow,

+ The development of analyticel techniques to deterwmine high lift cheracteristics in the pre-ence
of vortex flow will serve two strong purposes. Firstly, the lack of even sound empiricel techniques cu -
rently results in a strong dependence on wind tunnel date for estimating these characteristics; the aveil:
ability of suiteble analyticel tools will reduce this dependence. Secondly, the methodology will provide
e more fundamental understanding of the leading edge vortex flow phenomenon, which cen lead to improving
the design of leading edge devices.

It appesrs thet the assessment of the state-of-the-ert of estimating low speed eirplene charecter-
istics whether for supersonic trensport configurations or more current aircraft, reveels tha: significent
improvements in sophistication in the future will bs strongly dependent on development of fully three-
dimensionel viscoue analytical tools. In effect, this desired goel is one of achieving a mathematical wind
tuanel, The potential flow solution for erbitrery three-dimensionel lifting geometries is basically within
the state-of-the-art., The three-dimensional boundary layer solution is less then complete at this point.

In many instances tha potential flow solution can provide s good representetion of the three-
dimensionsl flow field. In other instence3, the viscous effects will predominete the flow picture and
ignoring these effects will significantly overpredict the characteristics, es shown, for example, in Figure
84 which presents a comperison between an inviscid span loading and an experimentelly meesured one for a
45° swapt wing. While the full three-dimensional viscous solution is not yet available, s somewhet crude
attempt to adjust the inviscid pressures for the effects of viscosity ves made. This wes done by utilizing
a bloving technique in the potential flow solution to simulate the effect of edding the boundary leyer dis-
plecement thickness to the besic wing geometry. This approach wes crude in the sense that the boundery
layer displacement thickness uaed in the analysis was obteinad from a two-dimensional method. As can be
seen in Figure 84, the agreement between celculeted and experimentelly measured spamsise snd chordwise
loading along the entire span wes substantially improved, even by this approximate viscous correction,

In the final analysis, of course, the full three-dimensional boundery layer equetions must be
solved., Certein speciel cases of this heve slready been solved, such ss the boundiry layer equations for
small cross flow (Reference 44), In this approach the boundery layer equations sre solved along a stream-
line (Figure 85). The coordinate system is sn orthogonel one formed by the inviscid streamlines and their
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orthogonal trajactories on tha surface. As saen in Figura 85, the projaction of the frae-stream valocity
vector on tha surfaca is aligned with tha surfaca coordinata x. Tha valocity componant along tha z-axis,
raferred to es the cross-flow velocity, is zaro at the edga of ~ha boundary layer. For a three-dimensional
flow, ths valocity vactor at any y-location in tha boundary-layar diffars in dirsction from tha fraestream
vact.r whan both ara r.rojacted on tha surfaca, in which casa tha crossflow valocity w within tha boundary-
layer differs from zarc, except at the wall, For tha spacial care of small crossflow tha solution of the
three~dimensional boundary layar equstions can be simplified by assuming that tha crossflow tarms and tha
lataral darivatives are small reiativa to the streamvisa tarms, Thasa squations can be readily solved using
numerical tachniques given in Reference 45, This small crossflow solution, while relativi'v new, should
find accurata application in boundary lsyer solutions for wings of modarata sweap and hig pect ratio.

Eventually, th’s approximate solution will ba raplaced by a new thrae-dimensional boundary layar
routina currencly undar devalopment by Dr. Cebeci (Referanca 46). This new wethod will make nona of tha
simplifying essumptions made in tha small crossflov solution, and will sctually solva tha complata thrae-

dimensionsl boundary layar equations,.

The solution of tha various two- and three-dimensional inviscid and viscous flow problems hava
been made possible by tha advent of new numerical tachniques such as thosa of Cabeci and Kellar (Refarenca
45), coupled with mejor advencements in computer technology. Until racently, computing times would hava
been prohibitive for many of thase problems, whareas today, calculation times ara small anough to parmit
thasa complex programs to be used es every day design tools for aerodynamic designars,

1n addition to tba methematical complexities which must ba ovarcome in ordar to develop complate
three-dimensional flow solutions, the problem of associatad computing costs is also relevant. It is granted
that the enormously increased capacity of modarn digital computars hes permitted tha solution of problems
wbich a dacada or so ago could not be solvad. Tha indications are that computars in the future will ba even
festar, Howevar, thesa fester computars ara mora costly, end tha unit cost per given solution may not
nacessarily be reducad, An indication of the cost of computarizad egolutions for different inviscid flow
solutions can ba saan in Figura 86, Tha cost is presented as a function of tha complaxity of the program;
simple 1lifting lina methods which dafina a wing surface with vary few alements ara virtuslly insignificant
in cost., Howavar, full three-dimensional potential flow solutions requiring ona thousand or more alements
mey bacome quite expensive, Indeed, it can be en.isioned that three-dimensional viscous flow solutions for
sevaral flow conditions, could result in computer costs which are of tha sama ordar of magritude es an appro-

priata wind tunnel test,

Naithar tha computer nor tha wind tunnal will raplaca each othar; it is rather that increasingly
sophisticated methods requiring mora complex computar programs will sarva to reduca the ralianca on tha
wind tunnel snd at tha same time provida more fundamental understanding of the flow phenomenon. In tba
final analysis, it is tba combined application of all of thasa tools, coupled with sound judgement by tha
engineer, which provides the most realistic estimation of low speed ssrodynamic charactaristics.
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FIGURE 52. COMPARISON OF CALCULATED AND LXPERI-
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FIGURE 58. MCDONNELL DOUGLAS TWO-DIMENSIONAL
HIGH-LIFT WIND TUNNEL FACILITY
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FIGURE 82. COMPARISON OF CAL.CULATED AND EXPERI-
MENTALLY MEASURED PRESSURE DISTRIBU-
TIONS FOR A 72-DEGREE SWEPT WING:
a = 4.7 DEGREES
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FIGURE 83. COMPARISON OF CALCULATED AND EXPERI-
MENTALLY MEASURED PRESSURE DISTRIBU-
TIONS FOR A 72-DEGREE SWEPT WING:
a = 14.61 DEGREES
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FIGURE 84. COMPARISON OF CALCULATED AND EXPERI-
MENTAL LOADINGS ON A 45-DEGREE SWEPT
TAPERED WING AT 8-DEGREE ANGLE OF
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FIGURE 85. THREE-DIMENSIONAL BOUNDARY LAYER
PROFILE ALONG A STREAMLINE
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FIGURE 86. COMPUTING COST FOR THREE-DIMENSIONAL
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A REVIEW OF THE LOW-SPEED AZRODYNAMIC CHARACTERISTICS OF AIRCRAFT WITH POWERED-LIPT SYSTEMS

D N FOSTER, ROYAL AIRCRAFT ESTABLISHMENT, EEDFORD, ENGLAND

SUMMARY

The aim of this paper is to review the asrvdynsaic characteristice of a nmumber of different configure-
tions of fixed-winged aircraft with powered-1ift systeme, but excluding tbcse conf'igurations smploying
direct jet~1ift, and to discuse methods of predicting these charesteristive, Detailed considersticn is
given to aircraft employing boundary-layer control, and with jet-flaps, thw latter involving intermal blow-
ing, external blowing from underwing and cverwing engines, and augnmentor systems. The paper alsc includes
s discuseion of spanwise blowing and cther specialised devicee.

Wherever possible, comments have been made on the sercdynsmic charscterietics in ground effect as well
a8 in free air, Sowe zapects of the noise problea which are directly related to the particular powered-lift

syetem under discussion have been highlighted,
LIST OF SYMBOLS

AR wing aspect retio

L wing lift-inciderce curve slope in
inviscid flow
b wing epan

Cm nomentum coefficient, based on local
oconditions at slot exit

CD drag ocoefficient
cn thecretical lift-dependent dreg coefficient

Cn' dreg coefficient derived using waks-survey
technique

CD boundary-layer drag coefficient

aCy increment in 1ift-dapendent dreg
P ccefficient due to part-span flaps

3 cversll jet momentus coefficiant,including
turning and epreading losses (extermal-
flow Jet-flap) and augmentation effects
(sugmentor systems)

CL 1ift coefficient

Cu, lift oocefficient resulting from preasures
a induoed by angle of incidence

Cu, 1ift ocefficient resulting from pressuree
5; induced by jet deflection

¢y " trimmd lift coefficient

increment in lift occefficient dus to
ground eoffect

AC, incremsnt in maximum 1ift coefficient

L
[ 4
1
At:n incremsnt in trimmed lift coefficient

[} wing chord
e wing mean chord
L rear flap chord

oz noee flap chord

ACL inorement in lift coefficient in two~
) dimensicnal inviecid flow

c ¢ rolling moment ocoefficient

C‘ rolling moment derivative due to angle
-] of eldeelip

c o volling moment derivative due to reta
B of change cf angle of eideallp

C- pitohing moment coefficient

Cll yawing moment derivative dus to yawing

r velooity

r - 0 O

[~ 4
o

o]
-~

e

(=)

yawing soment derivative due to angls of
sideslip

yawing moment derivative due to rate of
change of angle of sideslip

static-preseure coefficient

static-pressure coefficiant st slot sxit

quantity flow reta coefficient = l/pm L

quantity flow coefficiant for attachel flow

thrust cosfficient
grosa=~thrust coefficient

axial force coefficient

blowing momentum rate coefficient at slot =
w/zp, V28

blowing momentum coafficient for attached flow

affective blowing momentum coefficisnt lsaving
wing treiling edge

blowing momentunm coefficisnt at nose flap
blowing momentum coefficient at rear flap

dreg force
dismeter of hole in suction surface
aspect-retio conversicn factor for lift

height of mean quarter-chord peint abovs
ground

width of slat nozzle
wing lift-dependent drag factor
part-span flap lift factor

1ift forca

Lift retio = Uft in ground effect/lift in
frea air

distance from mean quarter-chord point of
wing to mear quarter-cherd peint of
tailplane

blewing or suction mass flow rete
free-stream Mach number

augmentor masa flow rets
suparcirculation factor for lift

nozale pressure retic




) 3 redius of flap kmuckle a angle of incidence
p angle of aideslip
y Reynolds nusber 5, dsfleotion angle of aileron
r thrust recovery factor 5: deflsotion angla of flap
] wing ares
3: . T 1se extent 6,1’6’2 defleotion angle of fore and rear flap
of flap 8 deflection angle of jet
T statio thrust forve !
o & deflection angla of nose flap
t wing thickness
v cylinder peripberal velooity & defleotion sngle of rear flap
VJ Jot velocity € downwash angle
back
v free-stress valooity . swyaphack angls
o N wing taper ratio
x 4istanoe seasured slong chord from wing K,V part-span oonvereion factors for lift
y distance measured along span from fuselage Foo S fow, ity
epptry liue ¢ thrust sugmentation retio
s distance from top of fuse. to mean

quarter-chord point of lane

SUPERSCRIPT ° signifies that value is appropriate to seotional conditions
SUFPIX oo signifies thet value is approprists to two-dimensional flow conditions

1 INTROOUCTION

There are a wide variety of methods by which the power of a gas turbine sngine can be made to interect
with the flow around a wing to inorease the oirculation lift on the wing., Power may be extrected froa the
engine in the form of shaft drive, as a

the efflux of the sngine. Some of thase methods, which form the basis of this paper, are shown on PFigure 1,
It will be noted thet blowing systems predominate over suction systems, refleoting the fact that this is
where the main interest has heen in recent yeare.

The systems which require the lsast power to be extrected from the sngine are thoss which sim to achisve
boundary-laysr control; thet is to suppress separetions of the boundary layer which would otherwise cocur on
1sading- or trailing-edge flaps. The flaps are generally of the plain variety, hinged sbout a point on the
lower surface of the wing, Boundary-layer control may be achieved by dlowing through a spanwiss slot in a
downstream direction tangential to the local wing eurface either ahesd of, or within the flap knuckls, Figure
1(a); the high energy flow re-energises the existing boundary layer, snd enablas it to negotiate ths strongly
adverse pressure gradients which sxist around the flap imuckls., Ths air required for blowing may be obteined
from the compressor of the main propulsion engine. Altermatively boundsry-layer oontrol say be achisved using
suction to remove part or all of tus existing boundary layer, so that a new boundary layer is created which
is adla to negotiate the adveree pressure gradients. In practioce this is realised either by suction through &
slot in the wing surface ahead of the flap Xmuckle, or by suction through a porous ares, Figure 1(b).Power for
the suction plant may be obtained by a shaft offtake from the engine. Other systems to achieve boundary-layer
oontrol, which bave not been subjeoted to auch extensive experimentsl and theoretical investigations, includs
the xoteting cylinder flap, in which the flap lknuckle is replaced by a oylinder which, if rotated sufficiently
repidly, incresses the apeed and heroe the energy of the boundary layer to the point at which it is adla to
negotiate the adveree pressure gredients. Spanwise blowing from en orifice in the side of the fuselags, in
contrest to the chordwise blowing shown on Mgure 1(a), has alsoc been considered,

Commensurete =ith the low power requirements of boundary-layer control systems is a limit on the maxi-
num incresse of lift that they can produce, oorresponding approximately to the 1ift that the wing would pro-
duce in an inviscid fluid. The system employing internal blowing, Pigure 1(s),is however, capable of yislding
stesdily incresasing values of 1ift when the momentum of the jet is increased. This ocours becsuse the jJet is
then strong encugh to sustain a pressure difference sorcss itself, and can be considered to affeot the flow
around the wing as if it were a physioal extension of the treiling-edge flap, resulting Zn an increment to
the circulation 1lift which is several times the vertical component of thc jet momentum, Whilst thsoretiocally
the full jet momentum should be recovered as thrust, .n ;™ctir> ‘Le thruat recovery appears to lie between
this value and the horisontel ocomponent of the jet somentr~, ihe loss of thrust that this impliss, together
with the losses in the ducting between the engine —.: the slot, make up the power requiremsnts of this, the
Jot-flap system. Although it has been discussed sbove in relationship to blowing over a treiling-edge flap,
the increase in ciroulation (aupercirculation effect) resulting fvom the jet sheet will, of course, exist
even if ths jet smerges from the treiling edge of the wing, and a number of schemes have been proposed based
on this conoept.

In order to achisve very high 1ift oosfficients using the internal-flow jet-flap schsme, large quantitiss
of air must be duoted to the blowing slot, with attendant ducting prodblems. These problems are avoided in
external-flor jet-flap schemes, which may be reslised either with the engine mounted undsr the wing, FPigure
1(c), or above the wing, Pigure 1(d). When mounted under the wing, the engine is positionsd closs to the
wing lower surface, and is sometimes fitted with & target-type deflector to ensure that a Jarge proportion of
the efflux strikes the lower surfaoe of the flaps, which are generelly of the double or triple alotted
varisty. The efflux of the engine is deflected iomnwards by the lower surface of the flap, and alsc spreads
spanwise along the flap before being discharged from the flsp treiling adge, so that a jet sheet is formed
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with & span such gveatsr than the diameter of the nacells, Some flow also roeches the slot or slots in the
flap, snd is turned arcund the leading edge of the flap to Zlow along its upper surface, resulting in boun-
dary=layer control for the flow on the flap upper surface. In genernl, the efflux flow lsaves the flap
treiling edge in a direotion inolined to the longitudinal plane of symmetry, and ss only the component of
the efflux momentum in the direotion of the plane of symme.iry oontributes to the thrust experienced by the
wing and maocells, the turming prooess itself results in the major portion of the thrust loss and of the power
absorbed by thds aystem,

The tumning process for the configuretion with the engine installed above the wing, Pigure 1(d), is
rether different, relying ou the Coanda effeot, The upper surface of the flsp is therufore smootn, with no
slots, and with a3 large a redius of curvature as possible. In order to obiain effeotive tuming the efflux
from the engine must be made to attach iteelf to the upper surface of the wing, and this may be achisved
sither by defleoting the efflux dowmwards by a dsfleotor, or by diascharging through a revotangular noxsle. If
the turning is effeotive the jet remains compaot with little or no spreading, and the tuming losses can be
lower than for the underwing engine. As before, the engine efflux produces a boundary-layer ocontrol effeot
cn the flap upper surface, and is discharged as a jet-sheet from the treiling edge, dut of ¢ smsller span
than for' the underwing engine configuration,

The use of injeotors to augment the thrust available has found application in the augmentor wing and
injeotor wing, Pigures 1(e¢) and 1(f). In the augmentor wing the primary flow is discharged from ¢ spanwiss
slot into a dust formed by separuting the upper and lower halves of the flap, A Coands surfsos at the
leading edge of the lower surface of the flap ceuses the jet to tumm through the deflection angle of the
flap. A slot in the lower surface of the flap just aft of the Coande surface results in the jst beocoming
detached from the remainder of the lower surface, in order to reduce the losses incurred when a high velocity
Jot posses over & fixed surface, The upper half of the flap provides the upper wall of the mixing duot, and
a slot just aft of the intake results in the boundary layer whioh has developed on the upper surface of the
intake being dramn into the mixing duct, so that a new doundary layer is formed on the downstream element of
the upper surface, whioh is able to negotiate the adveree pressure gredients on this surfaos, The mixed
primary and induced flows are discharged from the treiling edge of the duot as a thiok jet sheet, resulting
in the wing experienoing superoirculation 1lift. The powsr requiresents of the system are those associated
with producing and duoting the prir .ry air at a pressure suffioiently high to make the injeotor operute
sffsotively.

For configuretions requiring lift at very low speeds it may be preferabls to disoharge the efflux of an
injector from the lower surface of the wing, Mgure 1(f), rether than through the flsp., At very low speeds
the pet thrust veolor should then pass through the airoraft centra of gravity, whilst at higher apseds the
mixed offlux will act in a manner of a jet sheet, though of lower effectiven~ss than for a jet disoharged at
the wing trailing edge.

The sarodynamic ohermoteristios of these systems, and the methods available for their prediotion, will
now be oonsidered,

2 BOINDARY-LAYER CONTROL

The aerodynamio upootq of boundary-layer oontrol by blowing or suoticn were admiredly nm%vned. by
Willisms and Butler in 1963 some subsequsnt RAR research was summarised by Willlams in 1966<, The
intention bere is therefore to oonsider primarily the experimental data and oratical methods whioh have
been published sinos then.

a) BOUNDARY-LAYFR CONTROL BY CHORDWISE BLOWING

The methods proposed by Williams and Butler! for the estimation of 1ift and drag are given in Appendix A,
Naturally, the situation for which analysis of the relationship between the serodynamic charecteristios of
the flow and the power expanded by the boundary-layer control system is simplest ocours in ths flow around a
two-dimensional wing. Teste? were conduoted by the RAE on a model wing heving the oross-seotion shown in Pig-
ure 2, and mounted between the roof and floor of & wind tunnel, The large ohord of the model enabled dstailsd
pressure distributions to be measured around the ocentre-line of the model, and from this dete the 1ift of the
wing seotion oould be obteined. The drug of the wing seotion was measured by the walke survey method using e
raks of total pressure and statio pressure tuves mounted approximstely one chord downstreas of the model.
Neasurements were obtained for a renge of treiling-edge flap defleotions and blowing mcmsntum, in conjunotion
with both aa undefleoted and deflected leading-edge flap, the latter having a dlowing slot et the flap knuckle,

As the aim of boundary-layer control is to sliminate flow ssparations, when the boundary-layer oontrol
syatem is operuting effecotively the flow around the wing seotion should ocorrespond olosely to that in inviscid
flow, with, possibly, allowances for the development of the attached boundery-layer. The recent advances in
»e thods s~ of caloulating the flow around wing seotions have allowed the 14ft coeffioient for the wing to be
oaloulated in inoompressidle flow in free air, in ocompres .dle flow in free air, and in inovepressible flow in
the preasnoce of the wind-tunnsl walls. 7hilst the true .ituation, thet of a compresaitle flcw in the presence
of the wind-tunnel walls, cannot striotly be oomputed, Pigure 3 ahows thet the effeot of compressibdility is
small dut thet, for the sise of model considered here, the presence of the timnel walls does affeot the lift,
Ic is therefore ressonsble to compare the 1lift curve oalculated for incompressibdle flow in the presence of the
wind-tunnel walls with the experimental 1lift curves uessured for a renge of blowing conditions, and this has
been carried out in Pigure 4. %The experia:mtal lift ourve alopes are lower than the invisoid value, so thet
tho momentum ocefficient to achieve the invisoid 1ift inoresses with angls of inoidence, Mgure 5 shows ths
weasured and theoretical pressure distributions agree very well, except nsar the flap knuckls where the oontour
oonsidered is of necessity different from the sotual contour, Pigure € shows results of seasuresents of the
ssotional dreg by the wake survey technique, When ¢ line corresponding to the values of the angle of inoidenos
and momentum oceffioient at which the invisoid 1lift coefficient was achieved is superimposed on the cerpet it
is seen to be close to sero wke dreg throughout,

It appears, therefore, that when the invisoid 1ift and invisoid pressure distribution sre sochieved sen-
sidly zoro wake dreg resulte; it remains to caloulate the momentum oceffioient to produce these oonditions.
Thoras® was, perhaps, the firat to suggest a msthod of predioting the momsntum oceffioient for attached flow,
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the method being based on the messured effeot of a Jet on the development of a viscous layer in a smell
adverse pressure gredient, Cartabore and Newman7,8 reviewsd a number of integrel methods, and oonsidered
that more £1laxibility was required in the definition of the velocity profile than had been given in the
previous methods. They therefore proposed & method in which the profile was defined by four independent
peramsinrs, By integrating the momntum equation over four different intervals in the visoous layer, equa-
tions ocan be derived for these four paremeters in terms of the shear stress at the four positions in the
layer. The values of the shear stress have besn derived from empirical correlations with velooity profils
paremsters or their derivatives,

Using this method it is possidls to predict the minimum somentum coefficient to producs attached flow
Just to the treiling-edge of the wing section, It has been applied to the invisoid flow pressure distribau-
tions oal ted for the RAE wing, with the upstreas boundary layer being caloulated ss follows; the mothod
of Thwites’ for the lsainar boundary layer; & Dusber of trensition oriteris or Horton's'0 lminar bubble
method to determine the end of the development of the laminar layer; and Green'si? method for the turbulent
boundary layer. PFigure. 7 shows the results of these caloulations compared with values of the momentus
ooefficisnt to achieve the inviscid 1ift coeffioient derived from experimental measurements as on Figure 4.
The momm tum coeffioisnt is sean to be underestimated for both flap angles oonsidered, although ths errors
reduce as the 1ift coeffigient inoreases at the high flap defleotion., This is somewhat surprising, as
Gartshore has polited outg that whilat the assumed velooity profile, which oontains only one inflexion from
s maxisum velocity, is & reasonable representation of the measured profils for small flap defleoticns, at
the higher flap defleotions a second inflexion resulting froe & minimm velooity 1s alec found in the velo-
city profile, and so the basic flow model is unrepresentative,

Nore recently, Levinsky and Yoh"", in their study of circulation control by a Coanda Jet, have extended
Gartshore and Newman's method ¢o include curvature and induoed pressure gradient effeots. They have aade
estimates for the RAE wing at one angle of incidence and two flap deflsctions, and their results have been
added to Pigure 7. It oan be seen that their estimate is sn improvement on the Gartshore and Newsan ue
at the Jow flap angle, but not at the high flap angle. Perhaps the finite-difference method of Dvorak'/,
which can oonsider velocity profiles with both maxims and minima, or with mexiss only, will prove to provids
the acoursoy of prediotion being sought., Nsverthelsss it is to be hoped that, even if the absolute values of
the momentus cosfficient predicted are incorreot, the Cartshore-Newman method will correctly reflect the
effeot of ohanges of the asrofoil pressure distribution resulting from changes in the redius of curvaturs of
the f1lsp knuckle. Mgure 8 shows that doubling the knuokle redius produces & very merked (and worthwhile)
reduction of the momentum coefficient to produce attached flow, but that further increase of redius does not
have & large effect on the attachment momentum ocoelfioient, It is possible that advantage can be taken of
the large initial reduotion by using the RAE Variable Aervfoil Mechanism'4 to give « knuckle with an increesed
radius of curvature, The advantage of blowing from & slot in the knuckle, ruther than in the shroud, was dis-
cussed by Williaa: and Butler!,

Pinally before leaving consideretions of ssctional properties, it should be noted that the:s are ciroum-
stanoes in whioh, as the jet velocity is of the same ordsr as the fresstroam velooity, the momentum coeffi-
ehn? is mdngute as & correlating parameter. Early analysis of some low-pressure blowing experimesnts by
Nasa'S ma NPL' suggested that & locsl momentum oosfficient CBLC ,Asfined in relstion to conditions at the slot
oxit, would be a better ocorrslating parameter, and recent systemztic data published by Engler and w1mm16,
Pigurs 9, oonfirms this,

Turning to the application of boundary-layer control to complete aircraft, Eyre and But.]u"'7 oarried out
systematio tssts on a complete model of & transport sircraft having an aspect retio 8,0 wing with 28° sweep-
back on the leading edge, Pigure 10, The wing section was ths same a3 on the two-dimensional model ahown on
Pigure 2. The effect of deflection of the lsading-edge flap, both with and without blowing at the lmuckle,
was investigated, and the inoreases o maximum lift ocefficisnt are summarissd on Pigure 11, togethsr with
thoox‘gioll estinates based on an extension of ths method given in a paper considsring extermal-flow jet-
£laps'®, The theory assumes that the maximum lift ocoefficient is defined by a leading-edge stall, and the
oxperimental asasurements with the lesding-edge flep undeflected suggest that this oondition is approachsd
for blowing momenta over the trailing-edge flap greater than U.1. The measurements made with the lealing-
odge flap Aeflected but unblown suggest that at high values of treiling-edge blowing momentum, the increment
in maximum 1ift coefficient will be alightly greater than that given by the asimple theory, whilst blowing at
the flap knuckle gives a further inorease in the maximum lift oocefficisnt,

However the inorease in maximum 1ift coefficient is only cne aspect of the psrformance of ths high-lirt
system. Eyre ard Butler noted that with the lssding-edgo flap undeflscted svbstantial reductions in stal-
ling incidence resuited from the application of treiling-edge blowing, and that the onset of the stall was
sudden and accompanied by considerable buffeting; there was a large loss of 1ift post-atall with a pronounoed
pitoh-up. Deflsotion of the leading-edge flap inoreassd the stalling inoidence, Pigure 12, but the post-
stall lift losses and pitch-up sffects were aggravated. Blowing at ths knuckle of ths dsflscted leading-
odge flap also resulted in un increase of the stalling incidence, Pigure 12, and reducsd the spanwiss rate
of spread of tls separeted flow region. Howsver the basic pattern of the stall progression persisted, and
there were still fairly severe lift-losses and pitch-up.

In an attempt to further reduce the rats of spread of the flow separetions and alleviate the severity
of the stall the inboard 25% of each leading-edgs bloving slot was ssaled, re.tricting the blowing to the
cuter 79% of the exposed span. The lsading-edge flaps were, however, still derlected over the whols of
their span. PFigure 13 shows that sowe reduction of saximum 1ift coerficisnt res.lted from this reduction of
the spanwise extent of the blowing, but that pitch-up was effectively removed. In therefore sppeared that
this simple modification was sufficies” to enable acoepteble stalling charecteristic: *o be achieved, and that

by optiaising the spanwise distributior of blowing it is possible that tho penalty in d the marximum
1ift ooeffioient could be reducad. . FRSD SRS e e

A seo0nd beneficial feature of lsading-edge flap deflection appeared on examination of the drag polars
(Figure 127. The linear portion of the curve for the undeflected lsading-edge flap corresponds to a lift-
dependent rag faotor of 1,28, being typical of values measured for a wing of this planform with highly-~
loaded flaps. When the leading-edge flap was deflected, with or without blowing, the lift-depsndant drag
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faotor dvoreascd to 1,18, reflsoting the irprovement in the oondition of the boundary layer below the atall.
This low velus appeared to be insensitive to the angle of deflsotion of the treiling=edge flap, or to the
value of the blowing momente at the lsading- or trailing-edge flaps.

Measurements zade with the tailplane showed that the downwash angle incressed linearly with angle of
incidence up to the stall, with s elope of approximately 0.3, Above the atall, the configuretion with full-
span blowing at the lesading-edge indicated a marked increase in the downwash sngle, reaulting in & ueorease
in stebility. Por the configuretion with part-span blowing, the dowmnwash sngle decreased beyond the etsll,
yielding an increase in etebility. Variation of tailplane height did not ohange the slope of the downwaah ~
angle of incidence ourve below the atall and ohanged the absolute valus of the downwash angle by leas than 2°
for the full rarge of tailplane heights, Near the stall, however, the tail position affeoted the angle of
incidence at whioh the stebilising effeot commenced, the angls of inoidence inoreasing with tail beight.

Interpretation of the measurements of the latersl oharsoteristios made with this model are mede diffi-
cult by the use of a flat-plate fin, installed primarily to carry the tailplane, However one basio feature
found wes that the magnitude of lift lossea due to cidsslip were greater for the high-lift wing than for the
plain wing, resulting in anpreoiubly larger negative values for &y

This model was subsequently tested over a moving ground belt, at one fixed height, );/; = 1,2, to determine
the effeot of ground proximity. Figure 14 oompares 1ift curves seasured in free air, and in ground effeot,
for lsading- and trailing-edge flaps deflsoted and blown!9, It can be seen thet both the lift at a given
angle of incidence, and the maximum lift ocefficient, have been reduced by the p of tz gfound. An
attempt to model theoretically this situstion was mads using the vortex-ring method of Maske 0 In this
method, the lifting effeot of the wing is represented by & zeries of quadrilateral vortex-rings situated on
the mean-line of the serofoil seotion, It is possible therefors to represent highly-deflectad flaps, and
the method has ths faoility to allow the treiling vortices to roll up. Caloulations hcve been made for the
wing of the model, assuming thet the blowing momentum is Jjust sufficient to produce aitached flow over the
wing. The lift curves are shown on Figure 15, which also indioates that the effeot of wake roll-up, although
more marked for the wing in ground effect, is neverthsless small, Pigure 16 shows thai the theory doces give
a reasonable indication of the frwotional change in lift due to ground effect.

Accompanying the reduction of 1ift wes a reduction of drag, such thet at an equal value of the lift
cosfficient the dreg in ground sffeot was 25% less than that in free air, The main effeot on pitching moment
was & constant positive increment without change of slope, However the normal variation of downwssh angle
with angle of inoidence was almost completely suppreesed in ground effeot,

Use of boundary~laysr control at the leading-edge of a wing was also investigated by Butler?! for a
rethor different situation., Here the half model tested (Pigure 17) was of & strike siroreft with & thin wing
section (typically 8%) and under the constreint thet the lsading-vdge arrangsment must be fixed, and with a
stape dictated by high-speed requirements, A renge of positions of the leading-edge blowing slot was con-
sidered, and it was found (Figure 18) that the sxpected inorease of effeotiveness was not achieved when the
position of the blowing slot was moved forward from 1%% ohord to ¥ chord, PFurther inorsase of blowing momen-
tud at 2o chord also resultsd 1a ¢ reduction of the maximum TITt cosfficie.l, instead of the sxpscted incream,
Reduction of the tunnel sirspeed, Pigure 19, did however result in an increase of meximum 1lift coefficient to
a level well above that achieved with the slot at 13% ckord, It would appear that the reduced effectiveness
of blowing at 3% chord resuitad from an adverse interaction of the Jet, at approximately sonic velocity, with
an exterral flow which 4s also loeally &t & nesr-sondc velocliy due %o the high clrcalstion Tesuliing from
blowing over the flap.

A second effect noted in these tests is the favourwble influence of leading-edge blowing on the effeot-
iveness of blowing over treiling-edge flaps, so that for the same total blowing momentum very similar lift
increments st zero incidence are achieved by blowing at the treiling-edge flap with no leading-edge blowing,
or by subdividing the blowing, Pigure 20, Obviously, at higher angles of incidence the advantage lies in
blowing at the leading-edge. This effect was also found by Lohr<2 on a reotangular wing between sndplates

b) BOUNDARY-LAYER CONTROL BY SPANWISE BLOVING

The use of spanwise blowing over flaps to inorease the lift of = wing has been disoussed by Dixon23,
Air is discharged in a spanwise direction from a nozzle located in the side of the fuselage just above
defleotad flaps, Figure 21, The jet impinges on the flap upper surface and spreads spanwise over the flap,
eventually turning to be discharged from the trailing edge of the flap in a near streamwlse direotion,
During this process freestreaa air is cntrwmined and turned to flow ssnaibly parellel to the flap upper
surface, It is the downward motion of the large mass of entrained air that results in the increase of 1lift,

The effectiveness of spanwise blowing has been compared xith that of conventional obordwise blowing ty
tests on a model of an F-8J Crusader Alrorsft23, Due to differences of scals between the spanwise blowing
model and the chordwise blowing model there were differences in the unblown datum values, and so the results
are beat compared on a lift-increment basis, although the lower Reynolds number may still favour the span-
wise blowing, Figure 22 shows that although ohordwise blowing is more effeotive at serv angle of incidencs,
increase of angles of incidence reduces the difference until at an angle of incidenoe of 12° the performance
of the two systems is virtually identical., It was also found that the thrust recovery was about the same
for the two systems,

Roverting to Figure 21, it can be seen that the Jjet rolled up into a atrong vortsx very soon after
leaving ths outboard tip of the flap, and that & smaller ocontra-roteting vortex aprang froe the flap-fuse-
lage junction. These vortices produced much larger downwash angles at the tailplane of the model than were
measured for chordwise blowing, by a factor that may be as large as 3. Dixon comments that to obtein the
same static atebility with spanwise blowing as is obtained for chordwise blowing, it will be necessary to
choose a higher position for the tailplane, If this is found to bs acosptable, spanwiss blowing offers
potentially large savings in weight, cost and complexity.
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¢) BOUNDARY-LAYER CONTROL BY SUCTION

Although boundary-layer control by suction bas not actuslly been applied to & production airoreft, it
bas soms sttractions for civil airoreft, The disoussion of British and American work presented by Williams
and Butler! oonoluded that, 4f the available ocompreesor blsed and the associsted thrust losses were restricted,
ares suction oould be competitive, and perheps, supsrior, to blowing, If, for exampls, & reascnably well-
designed mlti-nozsle ¢ jeotor pump systes was fed with air from the engine-compressor, the bleed quantity to
provide ares suction oould be as i1iitls as one quarter that required for direct slot-blowing. The suction
installation would be more ocomplex, but the weight pemalty would not neceesarily be higher, and would in any
case be smell. Williams and Butler also ooncluded that s wide range of porous materials were then available,
which were satisfaotory from servdynamic, struotursl and non-clogging aspeots.

Ares suction ressarch did, in faot, continue at RAE until about 19662. In partioular a series of tests
wera perforwed at RAEZh on & modsl large enough to acoommodate preotiocal perforsted suotion surfeos arrenge-
ments with simple intermal wing duots. The wodel, Figure 23, was fitted with extending-chord trailing-edge
flaps, and suction was applied st the lmuockle of a deflected leading-edge flap. The variation of the minimum
suction rate required to suppress the natural stall at & given angle of incidence, with angle of incidenoce,
was measured for a renge of suction surfascee (Pigure 2,). The lowest suction rates corresponded to the eur-
faoe with the largest open-area ratio, whilst at & given open-area ratio, there was no significent effeot of
variation of perforation sise over the runge of hole diameters teetsd.

One potantial problem ares for systems involving boundary-layer oontrol by euction is the affact of atmos-
pberio conditicns, and in particular flight through rain., The RAE model was therefore tested in conjunction
with & "rein gun" 5, which generated & rein-like distribution of droplets in the wind tunnel airstream by
means cf an osoillating water spray., Threa combinatione of flow rate and jet nozsle sise were tested to give
ooncertrations approximating to light, moderate and very heavy ruin, The effact of simulating reinfall was
measured for the wing with & smooth contour, and also with a downward step ahead cf the flap knuckle of &
magnitude equal to that which mizht exist in & prectical configuretion, PFigure 25 shows that some acatter
occurred in the measurements, but that the incremee ¢f the minimum auction rate due to rein was much less
than that due to the eurface disoontimuity.

d)  BOUNDARY-LAYER CONTROL BY ROTATING CYLINDER FLAPS -

The use of & rotuiting oylinder at the hinge of a plain flap to apply boundu-_y-hgr control to the flow
around the region of high ourntgro Bls first suggested by Professor Alvarez-Calderon“®, Subsaquently large
scale models were tested by NASA27»20 in the AMES LOft x BOft wind tunnel. Both models incorporsted propel-
lers, and extensive tests were oonducted to determine the efficiency with which tho rotating cylinder turned
the propeller slipstream. For compatibility with the remminder of thie peper, comments will be restricted to
the serv propellar thrust conditiom,

The first model usuan had & wing of fairly low aspect retio (3.6). The tests established that the
rotating cylinder was ar effootive and efficient devioce for boundary-layer control, The correlating parameter
was the ratio of tue periphersl velocity of the cylinder to the I'~eestream velocity. At luw values of the
velocity ratio, the flow over the surface of the flap was separet:d, As tha velocity ratio was increased, the
separetsd area of the flap was reduced end then finally removed. Further increases in “elocity retlo resulted
in only very small increases of 1lift, The velooity ratio for a’tacked flow was found “.o0.Gepend only on flsp
deflection, and to be independent of the angle of inoidence and of the actusl value of the free-stream velocity
The power required was found to be proportional %o the cube of the freestream spead; thus the rotating cylinder
is most attractive for airoraft designed for very low approach speeds. The effect o/ moving the position of
the effective hinga point of the flap is shown on Pigure 26; there is only & smell uifference in 1ift, and
dreg, but a considerebla reduotion of the nosa-down pitching moment,

The seoond model tested?8 used the same rotating cylinder, but in conjunction with a wing of larger
aspect ratio (5.4). The change of aspeot rstio did not affect the 1lift pergomnnoe greatly, but as it is
similar to that cf a wing with boundary-layer control by chordwise blow:l.n;z , oomparisons of power require-
ments are possibla. For similar flap deflections, and a maximum lirt ooefficient of 4.0, the rotating cylin-
der flap requires only 21% of the power required for blowing boundery-layer control, for an airspeed of 4Okt;
if the airspeed risas to 80kt the rotating cylinder flap requires L3 of the power required for blowing
boundary«layer control and so still provides a worthwhile savirng,

Thus if tha mechanical complexity of the rotating oylinder flap is accepiable it offers the prospect of
achiaving boundary-layer control with & reduction of power ocompered to a system smploying blowing, and of
genereting smaller nose-down pitching moments than blowing aystems, with its consequential effect on tail size.

3 INTERNAL-FLOW JET-FLAP
a) BLOZING OVER TRAILING-"™Y'F FLAPS

58!;0 aerodynamic oharecter. of the internal-flow jet-flap were analysed by Williams, Butler and
Wood”” in 1961, and by ¥illisms2 in 1966, Again the basic astimation methods are given in Appendix A, Since
that time a greater offort would saem to have been appliad to the development of the.retical methods than to
experimental studies.

Although the method of Sponoo" ;32, to predict the lift coefficient on a two- limensional aerofoil section
with a jet-flap, has shown good agreement with experimental results up to large jetr deflections, the assump-
tion that the vortax distribution representing the jet is placed along a line passing through the aerofoil
trailing-edge in tha dirsction of the undisturbed flow would suggest that the method is strictly upplicable
only to small jet defhctiogknnglu, and to small blowing rates, so that the jet psth is shallow, Attempts
bave therefore been made33s* tu darive theories whioh do not have this restriction, by placing a vortex dis-

tribution slong the jet path and along the aerofoil chord3] or serofoil surfaces3s, Iterations ere then
oarriad out betwean the vortex distridbutions and the jet path until the redius of curvature of the jet at any
given point, deduced from the flow field induced by the vortex distribution, is compatible with the assumed
etrength of the Jat verticity at that point. Published results for one method?> indicated that the 1ift of
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the ssrufolil, and to s lesser extent, the jet path, was strongly dependent on the number of vortiocee repre-
senting the serofoil, A oomparison with the prediotions of Spence's method suggested similar velues for the
1ift ourve slope, md, perhaps swrprisingly, higher valuse of 1ift at a given zngle of incidence and jet
defleotion, at low values of momentum occsffioient, but tending to the Spence value at high values of the
somentua oceffioient. 3

In the ulouhtigg of the charsoteristios of the three-dimensionsl jet-flap wing, the olassical theory
of Maskell and Spence”” is striotly only applicable to a wing of elliptio planform, with no ozmber snd twiet,
and baving an elliptio distridbution of blowing mommtum, Lis has generelised the metaod of Maskell
and Spence to oconsider streight, uncambered wings of arbitrery planform and twiet, and with arbitrery distri-
butions of blowing. An interesting result given by his method, and shown on Figure 27, is thet whilst the
pressure lift due to flap deflaotion varies with somentum ccefficient in much the ssme wey for large aspeot
retios (of the order 10), as for small aspeot retios (of the order 4), the pressure lift due to angle of
inoidence is almost independent of tum oceffioient for the small sepeot retio, This reeult, which le,
perhape, of more significance to the extsrmal~flow jet~flap than the internsl-flow jet-flap, would indiocate
thet the effeot of blowing for & smsll aspect ratio wing would be to yield an increment in 1ift ocoeffiolent
almost independent of angles of incidence.

Theories having somewhat eimilar prinoiplas, thet of applying the two-dimensional charsoteristice of
jot-flap serofoils along a lifting line, have been proposed by Lopes and Shen37 and Gielow38,

Des’? developed a lifting surfaoe theory based on Nulthopp's method, in which the vortex distribution
slong the wing chord was represented by the sm of the firet three terms in Birmbaum’e expreesion for the
ohordwise vortex distribution of & two-dimeneional thin aerofoil, each with umimown cceffioiente, and the
first three terms of Spence's two-dimensional jet-flap theory, again with unknown ocefficients. By making
several spprucimations, the number of independent coeffioclents were reduced to three, so that the boundary
oonditions need be satisfied at only three points along the ohord: at one-quarter chord, three-quarters
ohord, and infinity downatream. The spanwise etationa considered by the method are specified by the method
employed by Multhopp in the spanwiees integration of the downwash integrsl, Whilst being euitable for winge
with full-span flaps, the spanwiee dletribution of etations is in general lees eatiefactory for wings with
parte-span flaps. Das’? also mescured the chordwise and spanwise preesure dietributione over a number of
reotangular wings of varying aspeot retio, and a oomparieon of the sparwise dietribution of lift due to angle
of incidenos and due to flap defleotion, ae meseured, and ae predicted by Dae's theory, is ehown on Figure 28,
It can be seen thet Das's method ocorrectly repreeents the loading due to flap deflection, but undersetimates
the loading due to angls of incidencs.

A wore general lifting surface theory has been developed by Shen et ul“ at NcDonnell Douglae, known ae
the Elementary Vortex Distribution Method. The trece of the wing and the jet in the plane of the free-stream
1s divided into s number of smell rectangular elements., Flementary Vortex Dietributione are now distributed
over one or two of these elements, and overlsp chordwiee, to produce a piecewlee linear and continuous vortex
distribution in the chordwise eense, but & plecewise conetant and discontinuoue distribution in the spanwise
sense, Different types of Elesentary Vortex Dietributions are used to eneure the correct behaviour close to
the lasding edge and to & flap hinge; at infinity downstream; and over the wing and jet away from the leading
odge, flap hinge and infinity downstream, The etrengthe of these Flementary Vortex Distributione are derived
by applying the boundary conditions at one point in esch elsment, normally the centre of the element. The
results of applying thie theory to Das’e wing ure slso shom in Figure 28, where it can be eeen that the
method produces an improved eetimate of the lcading due to angle of incidence, but overestimates slightly the
loading dus to flap deflsotion.

The McDonnell-Douglas method has aleo been applied tc the ocomplete model representing a jet-flap air-
oraft, Figure 29, tested by Butler et 2142, Two eete of eetinates are shown: one for the thin'wing, and one
for the thick wing, obtained by incressing the circulation part of the 11!‘1:323, a factor (1 + t/c), as first
suggeebed by Spouoo”, and eubesequently oonfirmed theoretically by Lissaman/®, The theory with thickness
ocorreotion is seen to be in good agreement with the measured lift-incidence variation, except at the highest
angles of inoidence where, perhape, non-linear effeots ehould have be¢n included. The effeot of the thicknese
ocorreotion on the pitohing-moment ourve ie lsee than cn the 1lift curve, but etill resulte in better agreement
between theory and experisent, The remsining disorepancy ie thought to have resulted from treating the wing-
tusohp“so-bmtion as an ieoclated wing with a part-epan flap, eo ignoring the interference 1lift on the
faselage®™’, The theory can, of courre, only prediot the lift-dependent drag Cpy, and this has been included
on the dreg polar. Also ehown ie the difference Cp - Cpy, which repreeent the boundary-layer drag. Intui-
tively, thie might not be expeoted to vary very repildly with lift, and thie ie indeed the case, suggeeting
thet the lift-dependent dreg has been predicted ocorreotly.

Wind tuzmel teste on thie model were performed in oonjunction with & moving-belt righe, to supplement
the data obtained previoualy with a fixed ground board42, Due to the particulsr installation of the moving-
belt rig, the model had to be mounted inverted, in contreet to its normal upright poeition, and some inter-
farence was enoountered between the etrut, through which air paseed to the model, and the flow around the
root of the wing, As & coneequence only the incrwmente due to belt velocity are considered valid, and these
have been applied to the data measured with the model in an upright poeition over a fixed grournd board, to
give the oomparison ehown on Figure 30. In the absence of jet impingement the effeot of ground proximity on
1ift is emsll, and midly favoursble. Subeequent to jet lmpingement, ground effect became progreseively less
favoursbla, until the wing etallsd, It wae found that the etall reeulted from lesding-edge eeparetions, in
contrast to the flap-shroud eeparetion which initiated the etall in free-air,

In the absence of jet impingement the effect of ground proximity was to cause a reduction in dreg (or an
inoresse in thrust) relative to free-air conditions; eubeequent to jet impingement the fall-off of 1ift ie
socompanied by an inorease of dreg. The tendency to pitoh-up eubesquent to jet impingement, found in earlier
tests with a fixed ground bosrd, wae absent in the teete with the moving-belt rig. As with the high aspect-
retio model with flape having boundary-layer oontrol, the normal variation of downwash angle with angle of
incidence was almost completely euppreeeed in ground effect.

A wider ranging investigation of the effeot of ground proximity on the characterietice of a wing with an
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intermal-flow jet-flap was carried out by Tumner®#5, He tasted an unswept reotangular wing at various heights
above s moving-belt rig, with a small-chord flap at & range of deflection angles and with varicus momentum
coefficients, Apart from some smsll favourwble effects measured at small flap deflection angles, the effect
of ground proximity wes almost uniformly unfavoursble on 1lift, Typical results are shom on Figure 31,
which indioatas that the ground effeot depends primarily on the 1ift in free air, but that there is also a
small dependence on the flap deflsction,

The RAE jet-flap model was the subject of an experiment to messure the yaw-dauping derivative n;,uains
tha free-oscillation technique“®, The separste effeots of wing, fin, tailplans and fuselage were measured,
and it was found that the latter gave a large and unpredicted destabilising contribution, while damping due
tc the fin was smaller than the sstimsted value. Explorations of the flow fislds around the rear fueelage
and fin suggestad that thase unexpeots? features resultad from the presence of wing-root vortioces, whose
strength increased with tha high values of lift oocefficient aesociated with jet-flap oonfiguretions, and
which rolled up more rapidly at high-lift,

Rghsain flight testa were carried out by BAC and RAE on the BAC-Funting 126 Egt-fhp research air-
oraft, %/ and it hae recently been tested in the NASA AMES LOft x 80ft wind tunnel »49,  Comparieons
between flight and tunnel measuremente are wade diffioult by the fact thet whereas the wind tunnel tests
were conducted at & fixed windspeed and hence constant momentum ocefficient, the flight tests’0 vere made
at constant engine rpam and warying airspeed, and hence varying momentum cosfficient, The comparisons shomn
on Pigure 32 show tha valuse of the 1ift ocoefficient measured in flight ocompared with valuee interpolated
from wind tunnel results, for the flight angle of inoidence and momentum coefficients, Among the factore
which may oontribute to the diffsrence is the quality of the poeition errore applied to the airspeed, as
these were establiehed at the higher airspeede and extrepolated to the lower speeds; the fact that, dus to
the unosrtainties of establishing wind-tunnel wall correotions for powered-l1i”t models, the turnel results
have not been corrected for tunnel wall effecta, and the fact that the wind tunnel teets were made at a
fixed tail setting whereae the flight results are, of courss, under trimmed conditions. .

I4 should finally be mentioned that tests in an anechoic chamber at zero forward epoed51 have ehown
that the intermel-flow jet-flap exhibits a much lower noise charwcteristic than the externel-flow jet-flap
or the augmento:~ flap achewme.

b) BLOWING AT THE TRAILING-EDGE OF UNCONVENTIONAL WING SECTIONS

Lock and Albone32 reviewed the data which exists cn the use of the Jst-flap ooncept at high eubeonic
speeds, and oonsidered that it offered eufficient promise of improving the cruiee performance and buffet
margin to merit further research, Wind tunnel teste in this spred range were reported by Englar53, who
oompared the performance of three asrofoils with diffsrent forms of trailing-edge tlowing, Figure 33. The
values of 1lift coefficiert msasured, Figure 3, suggested that the performanoce of an serofoil with bdlowing
from the lower surface was exceeded by that of an aerofoil with blowing from the upper surfsce over a curved
treiling edge,

Consideration of this and other wind tunnel tests, and of arg'ments similar to those presented by lock
and Albone, hae led to the suggestion of the uss of a new type of serofoil section, termed the Power
ProfileSs, Pigure 35, Jets emerge from the slots above and below the control eurface, and flow around the
control surface to ccalesoe into a single jet flowing downstream, By varying tie position of the control
surface the width of the upper and lower slote may be ohanged simulianeously. This in turn changes the
direotion of the final single Jjet and thus the 1lift on the aserofoil, so that 1lift can be varied et a oonstant
angle of incidence snd momentum coefficient. Thus in addition to offering benefits in terms of better orules
and buffeting performance, high values of 1ift ooefficient will be available at low speed in & manner whioh

allows rapid changes to be mede, suggesting that improvements in ride quality mey be achieved through gust
alleviation,

4 EXTERNAL~FLO¥ JET-FLAP
a) ENGINES INSTALLED UNDER THE WING

This oconcept,originatad by NASA, has been the subject of inteneive atudy experimentally, and a wide
variety of theoretical methods have been proposed by which the porfomnga may be predicted, One obvious
sterting peint lies in the methods developed for internal-flow jet-flape’’. The question then arises of the
magnitude, digtributlon across the epan, and deflection of the momentum leaving the treiling edge of the
flap, Perry'™ assumed that the magnitude and direction of the momentum flux under forward epeed conditions
wae the same as that messured undsr etatic conditions, ard that it was sufficlent theoretiocally to repreeent
the non-uniform spanwiee distribution by & uniform distribution of zomentum over that part of the flap epan
thought to be affeoted by the jet sheet, Based on measured values of the static turning effiolienocy and
statio tuming angle, and including allowances for non-linsar effects at large flap angles and momentum ocoef-
ficients, Perry obtained reasonadbls agreement betwean measured and predicted 1lift inorements. However when
he attempted to utilise this approach to analyse longitudinal foroee, he found that it was not poesible to
obiain a satisfaciory correlation of meseured and predicted foroee, and that it wae neceesary to revert to
troating the flap as & simple thrust defleotor and including the effeot of superciroulation only in the o:lou-
lation of tha lift-dependent dreg. ZEven with this limitation the method is restrictad in the renge of ocon-
figurations to which it could be applied, since the effeot of the position and orientation of the nacelle on
the etatic tuming pareastere oould not be predioted.

Ashi1155 has reoently extended this approsch by developing a semi-empirical method of predicting the
statio turning efficiency and static tuming angle, based on an extansive series of statig tasts™®, Ueing,
a3 in tha Perry method, the olassical theory for jet-flap wings due to Maskell and Spence 5, end inocorporating
allowances for non-linear effecta at large flap angles, and for the effeot of the boundery layer on the flap
upper surface at low momentun ocoefficients, Ashill hes inocrpcreted his predioted statio turning paremetars
to give a better prediction of ths 1ift coeffioiente messured in a NASA test57 than oould bs obtained by the
Perty method (Figure 36). Ashill followed Perry in predioting the longitudinal foroe using the thrust-deflec-
tor analogy; as Figure 37 shows, providing that & suitebls value ie aseumed for the boundery-layer dreg of
the ares of the wing externzl to the Jjet sheet, satisfactory agreement can be achieved between the prediotel)
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and measured valuee, The agreement between the predictad and measured valuee of the pitching-moment coeffi-
cient are, perhaps, lass good (Pigure 38) but this may be because the effeot of the fuselage on the pitching
moment ie not adequataly repressnted by the theory.

The Douglas Elen ntary Vortex Distribution method for the prediction of the oharecteristioe of wings
with irternal-flow jet €laps has been applied4! to an extemal-flow jet-flap configutation, by using an
eetimate of the turming ficlanoy, tuming sngle, and spanwise spreading of the engine exhaust derived from
statio measuremonts, PFigwe 39 shows that reascnsble agreement is cbtained for lift and pitching moment,
and alsc for drag, if a suitable value of the boundary-layer drag is included,

All the above method: rely op static mecsurements to indicate the magnitude and direction of ths momen-
tum flux lsaving the tre:uing-edge of the flap. Recent experiments at RAY PBedford have confirmed thet for-
ward speed has only a smx‘l effect on the turning and spreading process, but it is possible that a develop~
ment of a theoretical metlod similar to thet proposed by Shollemberger’®, in which both the wing and the Jet
are represented by singularity panels, and the spanloading and jet shepe undergo an iterative process until
they are compatible, will remove this dependence on static measurements in prediction methode.

Smith57 has studied the effeot of the size of the high-lift devices experimentally, using the unswept
model shown in Migure 40, to tast four flap configurations, As might be expected, Figure 41 shows that the
configuration with the largest chord produced the most lift, and that with the smallest ohord ths least lift.
Por a given flap chord it appeared to be most advantsgecus to have a small vane and a forward slot; the con-
figuration with an aft slot appearing to suffer from relatively poor turning performance. Different laading=-
edge devices were also tested on this model, At a moderste value of the momentum ccefficient (Cpg » 2.75),
increasing the ohord of the leading-edge slat from 19% ohord to 25% ohord only resulted in an increase of the
1ift coefficient measured above the stall, and, as again might be expeoted, leading-edge slats were more
effeotive than the leading-edge flaps formed by sealing the slcts of the slats, In tests on a model similar
to that shown in Figure 42(a), at a rather higher Reynolds number, Parlett, Smith and I(o;x-ui.l59 showeu thet a
leading-edge slat of 25:¢ chord had some advantages over & 155 chord slat in terme of the angle of inoidence
at the stall and the break in the )ift-curve slops. A leading-edge flap of larger chord (30% chord) was alsc
tasted, but was found to be inferiocr to the slats,

L]

Sni\‘.hso used the half model tested previcusly with varicus high-lift dovicn”, Fgure 40, to invee“igmte
the effeot of wing aspect retic, flap span, and engine position, He found that there was only a amsll loss
of the trimmed lift coefficient when the wing aspect retio was reduced from 7.0 to 5.25, but a much greater
lose occurred when the same frectional reduction waz applied to the flap span only, indicative of the lateral
extent of the spreading of the engine exhaust. At a given oversll momentum coefficient, a configuretion with
two engines lcoatad close to the fuselage had about the same longitudinal aerodynamic charecteristics as a
configuration with four engines located unifcormly cver the span of the wing,

Loss of thrust from one engine has a profound effeot on lift, drag and pitch trim; in genersl the uo-
tion in 1if{ due to an inboard engine failure is greatar than thet dus to an cutboard engine feilure57,60,
Account must be taken of these longitudinal effects in defining safe flight speeds at high 1ift, but a potan~
tislly more difficult problem exists in the lateral charmoteristics, where the ocut-of-balance rolling moments
generatad at low angles of incidence by the loas of lift ere ma jed at highsr angles of incidence by the
engine-failed wing stalling first, Parlett, Smith and Megrei157 showed thet some of the earlier measurements
of the cut-of-balance rolling moment on a swept-wing configuretion may have been pessimistic due to their low
Heynolds nugber, and that the use of a large chord slat reduced the magnitude of the rolling moment. As an
altermative®' blowing at the leading-eage can be used to reduce the 1lift loss at the stall. However for this
model the largest reduction of the out-of-balance rolling moment occurred when the engine arrangement was
changed from the spngd-out configuration of Pigure 42(a) to the clustered arrangement of Figure 42(b), as is
shown on Figurs 43(a) 2, Tor this model the change was accompanied by & loss of all-engines psrformance,
both in terms of dreg at a given lift coefficient, and of maximum 1ift coefficient, Pigure 43(b).

A conaidersble effort has been devoted to a s of the lateral control devices required to trim the
out-of-balance rolling moment, Parlett and Shivers®/ showed, for & model with an unawept wing and clustered
engines, toat conventional ailercus ad spoullers, even when &t large defliection sugles, Flgure (e} could
only provide latarsl trim up to an angle of inoidence of 13° oompared with the atalling angle of incidence of
220, \Morecver, dsflaction of the spoilers incurred a reduction of 1ift ooeffiocient of the order of 0.45
through the inoidence reange, These tasts suggested thet a conwventicnal rudder was suffiocient to produce trim
i yaw, tut Ister tests ¢n the aolel with stgines spaced acrcss the spen of the wing, Figure 42{a}, indicatsd
that the ccauventional rudder was not sufficient to restore directionul trim after an engine failure. These
tests also showed that conventional wing spoilers at & large deflection (60°), combined with a smell-caord
spoiler on the flap itself, cculd produce roll trim up to stalling angls of incidence (22°)‘, Figure 44(b)
but with a decrement of approximatsly 1.0 in lift coefficisnt, Use of differential flap setting could not
give roll trim up to gho stalling angle of incidence, and produced large adverse yawing moments, Freeman,
Parlett and Henderson®? investigated the effsctiveness of ailerons with large differential defleutions,
(600), in conjunotion with blowing over the deflected ailsron,on the model with olustered engines, Pigure
&2(t),bue found, Plgure Li(e); that this was only effective at low angles of incidence. Marther lrvestige-
tions will therefore be necessary before an sdequate latarel oontrol systam can be defined,

Pony'e, in his revisw of the data available in 1970 on the external-flow Jet-flap, noted 2‘!:-1: large
reductions in the downwash factor occurred with increasirg momentum ocefficient, Parlett et al“ invesati-
gated a range of fore-and-eft and vertical positions of the tailplane of a four-engined model, Figure 45,

and concluded thet if the tailplane were to retain even a minimal effectivensss at high momentum coefficients
it must be locatad at least 1,5 to 2 wing chords above the fuselage, i

Measurements of static and dynamic stability derivates were made by Preeman, Gref'ton and D'Amt065 for
the swept-wing modsl with engines spaced aoross the span, Figure 42(a), Pigure 46 shows thet increase of
momentum coefficient inoreased the positive dihedral effeot ?—I Ce ), but reduced the directiocnal stability

(+ CnB). Increase of momentum coefficient alsc inoreased the damping in roll (-(Cc + C;. sin a)); the yaw
p »

daaping (-(Cnr - Cné 00s ¢)) was approximately independent of the momentum coefficisnt,
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Voghr“ compared a high-wing and a low-wing modsel with the engines spread cut acrcss the span both in
and out of ground effsot. He found that, at & given.angle of incidence, the high-wing configurstion bad
between K nd 7% more lift than the low=wing configuration, probably due to the end-plate effeot of the
fuselage. The low-wing oonfiguration in genersl produced lower ncee-down pitching moments, eepeoially at
low flap deflections, With the lowewing configuration it was poesible to have the tailplane closer to the
fuselage than for the high-wing configuretion without loss of tailplans power, The effect of ground proxi-
ity on 1ift, Pigure 47, was aimilar for both the high-and low-wing at the sams ground-claarence height.
However for the same undercarriage haight the low-wing oong tion will suffer approximately twioce the loas
of 1ift as tha high-wing configuration., Gratser and Mahal”’ haw shown that thie increased adverse ground
effeot will have & marked affect on the ability of the aircreft to execute & flare, since the lift Znorement

required to flare may not be cbtainabla at & practical attitule, There are thus very powerful arguments for
the adoption of a high wing,

One paurtioular disadvantage of the underwing omml-ggow Jet=flap ooncept in respeot of its use for
oivil aircraft lies in the noise it generatee, Experiments*™ have shown thet impingement of the jet cn the
flap laading edge and the flow laaving the flap treiling edge add to the noise of the basic jet an amount
which incresees with flap angle, giving an increase of asome 1dB for the landing flap setiing. In an attempt
to reduce the ipingement noigc, a "daisy" nossle was added ic an engine exhaust stream to reduce the velo-
oity of the flow at the flapsb9, Although & reduction of 3:K of velcoity was measured, and the impingement
noise reduced, the daisy nossle had & higher noise lavel then the basic oonical nozzla, and so showed no net
advantage.

It bhas been assumed that the asrodynamic behaviour depends only on momentum of the jet, but it may be
that, as with boundary-laysr control, at the low velues of the ratio of jet velocity to sxtermal flow velo-
city which would result from using such a device to reduce tns jst velocity, the momentum oceffioient is not
the correct oorrelating paramster,

b) ENGINES INSTALLED OVER THE WING '

There ie a potential advantage in installing the engines over the wing, as the wing will provide eome
acoustio shielding, However some of this advantage is eroded when the engine exhaust is utilised to give
powered lift. In ordsr to allow the en;.ue exhaust to be turned around the flap knuckle, and to be dis-
charged from the trailing edge of the flap, it must attach itself to the wing ahead of the flap knuckle.
This may be done either by directing the efflux froem a conventional oircular nossle onto the wing surface by
a deflaotor at the nosale exit, or byﬁsohrd.ng the offlux through & rectangular or semi-oircular noasla,
Both methods result in scrubbing noise ™ being genereted at the wing eurface, and being conveoted in the
sxhaust to the flap treiling edge.

The utilisation of the Coands effeot to turnm the jet implies that the upper surface of the wing joins
the upper surface of the flap smoothly, with no slots or gaps, Such a wing and flap configuretion is not an
effective one outside the region of influence of the engine exhaust, so that either the flap must revert to a
oonventional slotted flap outside this region, or boundary-layer control by blowing must be employed to main-
tain attached flow, as was the case in the only wind tunnel test for which data has so far been publishod”.
The prooess of tuming a jet by the Coanda effeot depends on the pressure ratio of the jet, and its thiokness
relative to the redius of curvature around which it is turming, When tuming is sucoessfully sooomplished it
ooours with 1littla or no epanwise spreading of the jet, and =0 can yleld higher values of turming effioiency
than are obtained for the engine-under-the-wing concept. On the otber hand, the lack of spreading minimises
the epanwise extent of the wing influenced by the jet, Nevertheless, the data so far published for the model
shown in Figure 48 suggested that at a given engine momentum ococeffioient the over=wing-engine produces some-
what more 1lift at a given dreg coefficient than the under-wing-engine, Figure 49, The pitching moment ourves
indicate that the over-wing engine configuretion had slightly more instability than the under-wing engine
ooniguration, and, taking into account the fact that the over-wing engine produced more lift, this implies
that the centre-of=-preseure for the over-wing engine was more forward than for the under-wing engine, This
may be a direot reflection of the fact that the under-wing engine configuretion employs a double-slotted flap
with eignificant rearward extension,

5  AUGMENTOR SYSTEMS
a) BLOWING THROUGH FLAPS

The prediction of the charscteristics of an augmentor wing with blowing through & divided trailing-edge
flap, Figure 50, requires a me i0d of estimating the performance of the injsotor aystem, and of ocaloulatinug
the serciynamic loading on the wing, accounting for the sink effect of the flow entreined into w injector,
and the jet-flap elfect of the thick Jjet emerging from the trmailing edge of the flap. Whittley’<, the origi-~
nator of the echeme at De Havilland (Canada), bas indicated that & theory has been developed for the perfor-
mance of an injector system with non-uniform inlet and exit velocity profiles. Difficulties were, however,
encountered in applying this theory to prediot the effeot of forward spced on the performanoce of ‘he_injector
system, as the exit profile is modified from the static distribution by forward speed effeots. Chan/” has
analysed the flow around & thin aeruofoil with a jet-flap and a sink locatad at ths hinge of the flap, He
found that suction intc the injeotor systam can induce an additional 1lift on the serofoil, this additional
lift decreasing alightly as the jet momentum increases. Recent anslysis of the effect of thick jets5d
suggests that the correlating parameter Cp should be replaced by C - 21:J/e, whore ty is the thickness of the
Jet. In view of these effeots, the comparison shown on Figure 51 between experimentsl results, and the pre-
dictions of the McDonnell-Douglas Elementary Vortex Distribution Hethod"‘, assuming 8 thin jet having the
measured static thrust modified to allow for the flow of boundary-layer-sontrol air, is surprisingly gond.

The static performance of an augmsntor wing with the primary noizle in the form of a thin slot™ 1s
sumparised in Figure 52, Analysis of measuremente made on & quusi-two-dimensionsl model showed that the
effective augmentation retio deoreased from a statio value of 1,30 to 1,21 at forward speed. This resulted
from a combination of the effect of forward speed on the obarmoteristics of the injector, and from incomplete
thruast recovery, but it was not possible to isolate the individual oontributions,

Following early Cansdian two-dimensional tests, the major part of the wind tunnel data for oomplete
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modsls with this powered-1lift system has been obtained in the AMES kﬂﬁ x 80ft wind turne 175,76 using the
m0dels illustrated in Piguse 53. A partioular ifeature of this system// is that the flow induced by the
injector syetem provides a powerful control on the flow at mid chord, and tenis to limit the spanwise spread
of the stall, This is illustreted by the well-rounded maximum which ooourred ir. the 1lift curvee for both
the unswept and swept wings, Figure 54. Per the streight wing the initial breakdown of the flow occur.ed
at the wing roct, and a small incresee of the maximm lift coefficient was obtained by blowing through a
slot on the upper surface of the fuselage in line with the leading edge of the wing. In the case of tha
swept wing the wing root wes lesus heavily loaded, and although separstions still occurred in this regicn

as the stall was spproached, & fuselage boundlry-llyor control slet oould not 1nﬂuanea the progressien cf
the stall.

Both models were tested with highly-deflsoted ailerons having boundary-layer control by blowing in
order to achieve as uniform & spanwise lift distribution as possible., However it was found, Pigure 55,
that & reduotion of the deflection of the asilerons had only a small effeot on the maximum 1if't coeffioient,
but markedly reduced the nose~down pitohing moment below the stall, and the post-stall pitch-up.

An intsrnal flow system such as the sugmentor wing (or the internal-flow jet-flap) allows the possi-
bility of oross-ducting the flow bled from the engines, 3o that engine failure will not cause assymetric
loadings, as orours for the extermal-flow jet-flap, The augmentor also provides a ready mesns of providing
latersl control. moments independent of forward speed, This is achieved using the "augmentor choke", Pigusg
50, & £lap in the trailing-edge portion of the injector system which can partially choke the exit. Tests
showed that it produces changes in rolling moment which are almost independent of the 1lift coefficient, with
only a small penalty in the maximum 1ift coefficient, Pigure 56,

Measurement of ground effect on these models has been mede only with a fixed ground bourdm. uhe
results, Figure 57, show that both the 1ift curve slope and the maximum 1ift coefficient are reduced as
ground clearence iz reducsd, but the effects shown may be exmggerated by the presence of ths boundary layer
which develops on the fixed ground board,

One dissdvantage of the augmentor-wing configurations so far discussed lie in the noise they generate,
typically somes 115PNAB at a Swr%sidonm compared with a goal of 95PNAB for commercial aircraft, The
Boeing Company have investigated/” altermative forms of nczzles to the slot nozzle, Figure 58, The multirow
iobe noszle with a "screech sliminator” in a lined augmentor has actually demonstrauted the objective 9SPNAB
3ideline noise, Figure 59 shows that, for a given thrust coelficient, the asrodynamic performance of the
slot and lobe nozzles are approximately the same,

Boeings compared the effect of forward speed on the axial force, at & given lift ccefficient and primary
nozzle momentum coefficient, for two augmentor configuretions with that for an intermal-flow jet~flap having
the zame flap chad ratio, Pigure 60. Whilst the axial force for the jet flap is essentially invariant with
airspeed, the values for the augmentor configurations vary mariedly with airspeed, and are more negative
(higher thmat) The shape of the axial forve curve is well reproduced by the curve of the sum of the rem
drag and the augmented thrust., The difference between the sxial force and the sum of the rem drag and aug-
mented thrust is independent of airspeed, and, as static values of the thruet augmentation fector and
entruinment ratio (as Figure 52) have been ueod in this calculaticn, this ie taksn to imp]y that the charec-
teristioe of the injector system ars not affected by forward speed.

b) BLOVING THROUGH THE WING

Qn:l.nnaot81 has considered the application of injectors to aircreft requiring VTOL capability, where in
the absence of forward speed there can be no circulation induced on the wing by the jet. The neceseity of
making the thrust veotor pass through, or very near to the centre of gravity, then suggeste that the injec-
tors should be mounted in the wing, in contraet to their installation in the flap for a purely STOL applica-
tion, PMgure 61 shows such an installation with two spamwise rows of injectors; the intake and exit doors
are arranged to deflect the thrust vector for transitional flight,

At zero forward speed the injector is the sole source of 1ift; a high thrust augmentation ratio is
therefore essential., Installation within the wing results in a minimun length being available for mixing,
whereas the achievement of high values of thrust augmentation has in the past required large mixing lengths,
A special form of primary nozzle, known as the hypermixing nozzle, has therefore been developed with the aim
of promoting rapid mixing, The nozzls, Figure 62, is subdivided into a number of segmsnts, and each segment
imparts & transverse velocity to the flow of opposite sense to that imparted by its neighbouring segments,
is & result wortices are set up at the Juneticn of eljecent segments, which entrein allitd wal flaid el
accelerats the spreading of the primary jet.

A large scale model of a single channel was tested statically to determine the effeot of mixing length,
diffuser length, and of the ratlo of the axit area to the area of ths mixing section, Subsequently s four
channsl model powsred by a turbofan engine was tested; Figure 63 shows the level of thrust augmentation
achieved, and the fact that the multi-channel results are in good agreement with the single channel data
measurad earlier, Figure 54 shows that with forward speed, the 1ift component of thrust is augmented by
elrvalation Hft, whilst the sxial comporwnt of thrust is opposed by the gentan drug, A sialysis of s
stability and control of an aircraft with this form of thrust sugmentation™  hae indicated that the aircreft
oould perform & stable and controlled transition manoceuvre provided that the static thrust-weight ratio was
of the order of 1,3.
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APPENDIX A
ZQUATIONS FOR LIFT AND DRAG COXFFICIENTS DUE TO WILLIAMS ET Al » %0
A4, LIFT

Classical jet~flap theory suggests that the lift coefficient CL for & two-dimensional thin flat plate

at an angle of incidmos o, with blowing over & hingsd flap of chord retio 0, such that the jet 1s dias-
obarged with & d;;},ouon 6J, and with an effaotive momentum ocoefficient at the treiling edge of the flsp
C' ,is given

Lo 3y g
© = &) + oG, =
) J s
1 . -
The derivatives (ng) and (3;-) have been derived by numerical analysis, #nd for blowing at the wing
.0
truiling edge (cp/o -"0) it lms been found that they can be expressed as

%
[ i’ ' -
+ 0,139 cp

wee' )

(aCL) 2 (1.0 40,51 C' Fao0.219¢" )
- = M+ U + O,
% Horr Hore

aC 3
For & thin wing of aspeot ratio AR with & full-span jet-flap the derivatives (EFL)AR and (F"'A)AR are

obtained by multiplying the two~-dimensional values by the faotor P(AR, CMI ) which can be written us
0 off

AR + a;:g.rr

() "
s |4xC 1+ 0,151 C
3{5 [ Hopp H

- off

A2

A
P(AR, C ) = ™Y T
Hore AR+24+0606C Z24+08%¢C
Here Hope

PFor & wing of thickness-chord retio t/o having a part-span flap corresponding to a frection Sf/S of the
wing ares, & more genersl expression for the 1lift was given as

Al}

aC. aC

t t

e = r[(1 + -c-) {x 5, ('0-5?) + va (szl-‘)w]] -2 (:p (5J +a) Aok
4 off
aC aC
where L L U
s S S, (=) +(s-5,) () ,¢C =0

nls—fic o s—r;v'f“” £ 93 ‘o’ Hape A5

Herr bore acL

s &)

With slot blowing at the knuckle of & deflacted treiling-edge flap the effeciive momentum cosfficient Cp'

can reasonsbly be taken as the exoass jet momentum over that required to achieve attached flow, ie cp' - c“;.

1
For & wing with boundary-layer control, the affeotive momentum ocefficient Cp is small, and the value of
off

o !
L ¢ '
(W)”’ c“‘a.’r does not differ signifioantly from the attached flow value (EL)”’ c*“e!‘r' 0. The effect of
boundary-layer oontrol may be considered to be confined to producing & lift increment 4Cp, which is indepen-
dent of the angle of incidence, and from equations A,3 and A,4 can be written as

AR

t aCy,
ACL’AR«.z(’*E)"BJ(SS;) A6
[--]

a

The term ARAE ] (1 » -3) has been replaced by T:: where &, is the lift-curve slope o' the thiok, finite aspect
ratio wing in inviscid flow, For these configuretions an improved estimate of the part-span factor x has
been obtained from the Roy Ae Soc Data Sheets, and designated X;., Finally the two-dimensiontl 1ift jnorement
has been written as a small perturbation of the two~dimensional 1ift increment for attached flow Ack’, so
that aquation 4.6 1a, for boundary-layer contiol by blowing

a, .
ACL % K‘L ACL"° Pc ' A7
o Hagp
witk (F#F9 o
p ¢ J oo ,Cp
C, N Y - J A8
(Tres acL
(57 0
J oo, Oy = 0
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A2, IRAG

Classical jet=flap theory indicates that the dreg ccefficient of a wing of aspeot ratio AR with a full-span
Jet-flap is glven byl5

6,2 '
cD § —— - C 4.9
x AR + 2C Hore
Hore
More generally this hae bsen written as
x, c2 ; .
C.=sC +* ———k——- -r(C ‘. 0
D I,o x AR + 2C ' Here

Hotrr
where cno represents the boundsry-lsyer dreg of surfacee not subjsot to the jet~flap effect; the term K,

allows for departures from elliptioc loading for the basic unblown wing, and r allows for incomplsts thrust
recovery due to mixing and turming lossee.
For a part-span flap equation 4,10 was extended to become

K, C2
=C + + AC - rC A1
D Do x AR + 20".“ Dp Hype
with ACp repressnting the inoresase in lift-dspendent dreg arising from the change of spanwiss load
diatﬂbugion.

c

::r wings with boundary-layer control, and small values of cp.“, equation A,11 has basn simplifisd, to
come

K, C,2

. 1L =
Cp cDo L i ACDp cos Er c".” A2

It was noted that the experimental values of ACD were greater than the estimated values by a factor of
up to 2. P
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AIRCRAFT LIFT AND DRAG PREDICTION AND MEASUREMENT
by
G. M. Buwes*

ABSTRACT

Techniques for predicting and measuring 11ft and drag relationships for subsonic
cruise flight are describet. The status of this drag methodology is reviewed. Recent
presentations on the subjrct are referenced and incorporated into an overall summary
describing current capabilities for developing the basis of aircraft performance pra-
dictions. The role of the wind tunnel in airplane design and development is.d{iscussed,
and the importance of fl{ight test measurements of specific range and engine parameters
is emphasized. Theoretical developments for three-dimensional design and 1ift/drag
predictions are described. The accuracy with which the drag levels of a new design
can be determined {s xamined.

Examples of spe:1alized wind tunnel and flight investigations into the airflow
and pressures on localized portions of an airplane are presented.

INTRODUCTION

Airplanes have become more efficient with time. Using the subsonic transport as
an example, the 1973 airplane offers

® Longer Range
® Higher Speed
® More Passengers

while offering more comfort, reliability, safety, and 12ss community noise. Some of
these trends in performance are shown on Figure 1, commencing with the 707 and DC-8
intercontinental models.
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Figure I: AIRPLANE DESIGN TRENDS
(LONG RANGE TRANSPORTS)

* Unit Chief, Aerodynamics Staff, Boeing Commercial Aurpiane Company. Renton, Washington.
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The improvement in efficiency may be evaluated in various ways. One basic para-
meter would consider the productivity of vhe airplane (payload x range) per pound of
fuel, Figure 2 shows that the most modern transports are about 30% more efricient at
a given payload fraction than the smaller, older long range aircraft.
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Figure 2: PRODUCTIVITY PER POUND OF FUEL .

These achievements result from advances in aircrzft technology, particularly in
the fields of aerodynamics, propulsion design, and structural design. With regard to
aerodynamic technology, a brief kistorical review illuminates the gains which have been
offered to the airplane designer. The Boeing B-47 was the first successful application
of the theory of wing sweep io a "long range" design. It involved significant advances
into new technical areas of aerodynamics, structures, and fiight coutrols. The L/D
levels and cruising speed regime of the B-47 are shown on Figure 3 as an initial refer-
ence for subsonic swept wing aircraft. This airplane represented a definite advance
in speed for bomber aircraft - it outflew the P-80 fighter used as a pace/chase air-
craft - and the range exceeded the program requirements.
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Figure 3: AERODYNAMIZ TECHNOLOGY DEVELOPMENT

The B-47's success was due in large measure to a significant forward step in
design technology - the high aspect ratio swa2pt back wing being one of the more obvious
and si?nif1cant features of this airplane - and it had the benefit of full scale exper-
imental prototype flight testing which is necessary to fully exploit such major gains.
The 757 and DC-8 transports, characterized on Figure 3 by the curve labeled "1955" were
developed from a technology base established by the R-47 (Reference 1). ae vings of
these transpor. aircraft were basically derived from the NACA 6-series airfoils. Vari-
ation in airfoil thickness ratio, camber, and twist azross the span of the wing was
included in these designs to optimize cruise L/D. However, the design methodology was
largely an evolutionary process based :pon experimental results; final wing shapes in-
corporated modifications developed in the wind tunnel in order tc correct or improve
specific concern areas.
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More advanced theoretical tools, which provided a better understanding of the afr-
flow over the upper su. face at supercritical Mach numbers led to the airfoils employed
on wings applied to the current wide bodied transports, illustrated by the L/D levels
labeled "1965" on Figure3. These wings were also developed largely by experimental
procedures, but with a much deeper theoretical understanding of the two-dimensional
characteristics of the airfoils. The Vickers VC-10 was perhaps one of the first air-
planes for which three-dimensional theoretical wing design studies were developed
(References 2 and 3). The goal of determining the shape of a wing which will develop
a specified pressure distribution in three-dimensional compressible flow has not yet
besn fully achieved &nd is discussed in more detail later in this paper.

The final curve shown on Figure 3 indicates an optimistic potentfal for further
improvement to airplane design using current advances in aerodynamic technologvy. One
study of potential desirns and the aerodynamic characteristics of aircraft incorporat-
ing these higher speed features i1s provided in Referenc: 4. Such designs take maximum
advantage of advanced transonic airfoils, wing sweep, and overall configuration defini-
tion to satisfy area rule constraints.

These data show the piogressive improvements in aerodynamic design which have been
achieved in respons2 to coitinuous crempetitive pressures demanding performance gains.
The major technical advancey has involved the control of the drag due to supercritical
flow over the wing by reducing the shock strength or by delaying its formation to
higher free stream Mach numbers. Both speed and range increases have been important.
An increase in one of these items at the expense of the other has not been considered
as & viable trade. Whether these requirements will persist in the future is an inter-
esting question. In view of the trends now evident on fuel avatlability and cost, new
economic factors may well impact thase design criteria such that different aerodynamic
goals will become apparent for the next generation of aircraft.

Developments in aerodynamics as summarized above were motivated by several differ-
en. forces, of which the competitive drive way a major factor. In the course of these
competitions, the ability of the designer to p)amise a performance capability and of
the airplane to meet this promise has been a dominant factor in success or failure of
individual programs. The purpose of this paper is to review significant elements in
the prediction and measurement of the aerodynamic contribution to the range equation,
studving the subject primarily from the standpoint of cruise drag of subsonic long
range aircraft.

There is a vast bod; of literature on the subject of “"drag". Predictive processes
are well known and have been documented rather thorcughly in textbooks and in lectures.
There are many exnerts, both within and outside the industry. MNevertheless, the sub-
Ject remains open for discussion, and this suggests that the science, or art of per-
formance prediction still has room for improvements. The technology of airplane design
is not static, and the introduction of new configurations operating in areas of fluid
dvnamics not completely understood has brouoht additional uncertainties into drag pre-
diction and measurement.

In recent years, improvements in theoretical methods of analysis and in test
facilities (both full scaie and model scale) have brought the basic methodology of
drag pradiction to an advanced state. This is not to say that prediction accuracies
are necessarily adequate, but rather to suggest that the uncertainties and their
sources are more readfly identfififable. MWith these advances in mind, and in view of
the large amount of drag methodology reports in the literature, this paper does not
provide another detailed description of the method for developing a lift-drag polar
by the traditional approach, but rather gives an overview to the subject and highlights
areas currently of interest.

References are made throughout these notes to some of the recent presentations
relative tc the basic topic. ne of the more significant collection of papers is
contained in the publication of the 1973 AGARD Fluid Dynamics Panel conference on
"Aerodynamic Drag” held in Izmir, Turkey in Aoril (Reference §5).

To summacize this introduction, a few statements are offered below as to the
status of drag methodology.

® Drag prediction methods derive (neir validity from both direct and deduced
drag measurements. These measurements are expressed in an overall air-
plane drag polar as the end product, based upon flight tests, and are sup-
plemented by various flight test and wind tunnel measurements of component
configuration items.

® The most accurate drag predic-ions require extensive use of the wind tunnel.
In addition, configurations which involve different and ncvel aerodynamic
features or which expand the known and proven flight envelope may require
new wind tunnel technigues to insure an understanding of the fluid flow
effects.

©® Theoret cal tooiz <y not exist which by themselves permit the calculation of
a drag polar f~r a subsonic airplane; however, the application of theory lo
fundamenta' fluid dynamic flow problems can be very significant to the timely
developmen of configuration design and is useful for critical analysis.
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©® The determination of interference effects by the proper simulation of pro-
pulsion system interaction with the flow field around the aircraft is recog-
nized as a major requirement for improved accuracy of 1ift and drag pre-
diction.

® A bookkeeping system identifying and accounting for all engine and airframe
contributions to “drag" is necessary, together with a terminolony used and
understood by the propulsion specialist as well as the aerodynamicist.

DRAG PREDICTION METHODS

TRADITIONAL METHODS :

The most widely used approach to drag prediction is essentially an empiricaz! anal-
sis process which relies heavily on previous experience. This traditional approach
References 6, 7 and 8) considers the zero 1ift profile drag of each major component

of the afrcraft, establishes a subcritical polar shape and 11ft coefficiert at which
minimum profile drag occurs, and adds drag due to 1ift. Interference effects, if any,
are judged and compressibility drag rise characteristics are assigned. The result is
a 1ift drag polar with typica{ elements in simplified form shown on Figure 4 .
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Figure 4: DRAG BUILDUP BY ANALYSIS

These drag elements can be conveniently organized into ths familiar equation for
drag of subsonic airplane:

Ch= C + AC + C + AC (1)
D me1n 0p L DM
~ v — w
Subcritical Polar Compressibility

Effects

The airplane drag is thus identified for purposes of prediction and analysis by
three major items.

®Minimum Profile Drag
®Subcritical Lift Dependent Drag
®Compressibility Drag

In addityon, there may be thrust-dependent terms. These are discussed in succeed-
ing paragraphs.

cDpMn is the minimum profile drag as identified at a given Reynolds number and
does not change with 1ift coefficient. It includes both friction and pressure drag.

Ach includes the remainder of the friction and pressure drag. This term varies
with 1ift coefficient and reflects wing section camber, non-e.liptic span loading ard
other configuration items producing vortex drag.




Coi is the elliptical vortex drag under subcritical conditions. A qood wing
design should approach this elliptic loading at the design condition. Identification
of areas on the airplane producing unwanted friction or pressure drag increases due
to 1ift can be quickly made by assigning a 100% efficiency fantor to the wing induced
drag (or a different level if logical), and analyzing the other airplane components
accordingly.

ACDH is fdentified as a coefficient which va-ies with Mach number and 1ift co-

efficient. It may also vary due to the changes in the air flow accompanying thrust
changes.

These simple classifications provide a logical framework within which drag pre-
diction and measurement can be organized. The use of any prediction program depends
upon the level of accuracy desired, the firmness of the airplane definition, and the
analysis tools available. For preliminary design feasibility studies, the above model
caa be applied in a simple "add up the increments™ manner; but for an authoritative
prediction on a well defirned airplane a careful and thorough appraisal must be made
not only of each individual element of the confiquration but also ¢f the aerodynamic
interaction of each part of tne configuration. The simplified representation of the
drag components given by equation (1) above is rapidly exnanded into more complex
terms vhen serious design efforts get launched. This process, as currently applied in
industry, will call upon the user of all the tools available to the aerodynamicist:
historical data, empirical factors, wind tunnel data, and theoretical analyses. The
manner in which chese resources are used to blend tagether into a prediction ic sub-
ject to the experienc2 of the design team, the degree to which the confiquration resem-
bles previous models, and the amount of proprietary experimental data available to the
engineer. Norton (Reference 6) discussed the application of this traditionai approach
to the estimation and analysis of airplane drag. Concern was expressed for the heavy
reliance of the methodology upon "empirical data or empirical explanatior of flow pro-
cesses.” This concern is still valid.

ESTIMATION ACCURACY

Each manufacturer has a methodology by which a thorough drag estimate is made.
The state-of-the-art is a dynamic one, and improvements and additions to the method.
ology are constantly being made. There is no single, industry-wide naadbook for such
predictions, and any attempt to produce a universal process would require flexibility
and provision for updating. However, there are several basic sources of fundamental
information on component drag levels and estimation processes such as Hoerner (Refer-
ence 9), the Royal Aeronautical Society Data Sheets (Reference 10) and the USAF DATCOM
(Reference 11). The proof of these methods lies in analysis of flight data, in which
comparisons against the estimates &re made and further refinements to the estimation
alements are developed. Very few reports are published which attempt to reflect the
total comparison between prediction and test. One reason is that such an effort must
be done in considerable detail to be worthwhile, and this requires adequate flight data
and expert technical attention. The results, whether good or bad, are highly proprie-
tary and-become a significant part of a company's “"know how".

A chart is shown or Figure 5 showinqg components of a drag polar for which a rela-
tively high degree of prediction confidence is believed to exist, and also components
for which the drag estimation process has proven to show a higher deqree of uncer-
tainty. Confidence in the estimated drag polar will therefore vary for different
flight speeds, i.e., the profile drag level is usually predictable with much more
accuracy than is the drag rise. Experience has shown that of all the configuration
items, the propulsion system installation can be the most troublesome and is the source
of large errors in drag estimation. Particular care must be taken in identifying the
potential interference effects due to the engine installation and the associated thrust
effects.

Several reports recently published have discussed the ability to assess full scale
drag components, particularly profile drag. References 12, 13 and 14 provide compari-
sons between flight test and predictions, and provide supporting evidence for the cata
shown on Figure 5. A more detailed discussion of estimation accuracy is provided in
the concluding section of this paner.

THEORETICAL METHODS

Theoretical programs are available to calculate the subcritical 1ift and drag,
based upon potential flow theory applied to a given geometry of a wing or other air-
plane components. However, these programs will not account for the interaction in the
boundary layer with intersections such as at the wing-body juncture or with local flow
changes such as produced by body upsweep. These programs can compute subcritical wing
or body pressure distributicns, and methods are emerging which will improve on the
present process of empirical adjustment to these pressures for the supercritical case.
This is discussed in detail in a later section of this paper. In the main, the role
of theoretica! programs to date has been to provide valuable data on subcritical flow
pressure fields and gradients, which, when tempered with corrections derived from ex-
perience, result in a more rapid convergence of the best aerodynamic design.
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(LONG RANGE TRANSPORTS)

At this point, the use of integrated computerized design programs for more rapid
analysis might be propused. The computer is very helpful in comparing designs, ana-
lyzing missions, and providing comparative performance data which suggest optimum
trends. However, there are no computer programs which can accurately construct the
total airplane subcritical (not to mention transonic) polar based only upon a geometry
definition, nor can the computer optimize the geometry to correct “deficiencies" which
it might discover. As stated in Reference 15, "a comprehensive general theoretical
drag prediction framework suitable for all the main current classes of military ana
civil afrcraft is certainly not likely to be feasible for some time to come." Neither
does an adequate empirical base exist for the computerized construction of a drag polar,
Hodges in Reference 16 recognizes the need for additional data to establish generalized
but accurate predictions for some configuration items. Also, there is a lack of knowl-
edge on the way to sum individual component data for configuration items which are
mounted at various incidence angles to each other, or which may involve interaction
effects, or which involve significant vortex drag at zero 1ift such as a cambered,
twisted wing.

WIND TUNNEL DATA

The wind tunnel is an indispensable tool “or developing forecasts for full scale
aerodynamic characteristics as well as for confiquration design optimization. Ideally,
wind tunnel results are used to modify previously established data from flight tasts
of similar configurations. 1In this manner, scme of the more obscure sources of drag
can be observed directly at model scale, such as non-elliptic vortex drag which may
come from uns:ispected components of the aircraft, or interference effects due to the
configuration arrangement, or to thrust effects. Decisions can then be made as to the
full scale characteristics which should be predicted.

The wind tunnel is the only experimental way in which the drag "buildup" can be
accomplished, and it is thus an integral part of the eventual analysis of the flignt
polar. The effe-t of Mach number and Reynolds number on the 1ift and drag, and in
fact most if not all of the configuration items which have an impact on the relation-
ship between 1ift, drag, and angle of attack are most easily and accurately observed
by wind tunnel tests. For instance, the effect of span loading changes Jue to wing
fleribility, or the variation and level of trim drag at various Mach numbers or air-
plane center of gravity positions is usually determined in the wind tunnel. These
comments are directed strictly at the question of drag measurement, and do not credit
the major effort of basic confi?urntion development and refinement for which the wind
tunnel is also extremely valuable. In additior, the wind tunnel is applied to specific
diagnestic flow studies aimed at improving the L/D of the aircraft, as discussed in a
later section of this paper. Finally, the wind tunnel is also used to provide flow
visualization studies which have become an essential part of the airplane design
effort (particularly the wing) and the concurrent draq analysis. An intelligent, con-
fident forecast of the airplane performance cannot be made without this inteqration of
information of all types from the wind tunnel - pressure data, force data, flow visu-
alization studies - together with maximum correlation with full scale results on
similar configurations.
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Results from the wind tunnel are sometimes applied to fuli scale predictions
without the benefit of baseline data from flight tests on a similar model. In this
case, heavy reliance must be placed on the corrections which must be applied to remove
the “tares" from the wind tunnel data due to tunnel and support interferences., Greater
risks are assumed with respect to polar shape and drag rise characteristics than in
;he case where the ma, - scale effect can be attributed largely to minimum profile

rag.

THRUST - DRAG BOOKKEEPING

One of the areas of drag prediction which may bring a large amount of uncertainty
is the determination of the contribution of the propulsion system to the drag of the
aircraft. This has historically been a cause for concern, particularly on those air-
planes with a close coupled or highly integrated propuision system. Interactions at
the inlet or the nczzle produced by the changes of airflow accompanying thrust changes
require careful testing in the wind tunnel in order to predict tne proper thrust minus
drag. It is necessary that a clearly defined bookkeeping system be established in
order to translate the ideal thrust as quoted by the engine manufacturer and the “power
of f* wind tunnel data into accurate flight predictions. The first requirement is to
establish whirn terms will be included in the propulsion system definition and which
will be class 'fied as drag. One approach taken by The Boeing Company for subsonic
commercial aircraft in which thrust interaction is a significcat variable, is to con-
struct a drag psolar al a given Mach number in accordance with the following equation:

Chn = C + BAC + AC (2)
0 Oper OrnLET OrurusT

where

CUgEF = Full scale orojection of drag, 1ift moments, including corrections
for Ry, rxcrescences, etc. The basis is unpowered, flow-nacelle wind
tunneq wodel tests.

ACUINLET = Incremental forces due to variable inlet velocity ratio, determined
exp2rimentally.

ACDTHRUST = Incremental forces due to fan or primary exhaust flow, measured in
th2 wind tunnel using powered nacelles.

The boundary between thrust and drag is established as a surface occurring o the
wind tunnel model nacelles along the inlet stream tube, around the fan cowl (if a short
duct installation) and along an arbitrary fan or primary exhaust stream tube. This is
illustrated in Figure 6 for an unde~wing and also for an overwing engine installation.

SCRUBEING DRAG ON AFTERBODY
ACCOUNTED FOR IN 'NSTALLED THRUST

SCRUBBING DRAG ON
WING ACCOUNTED
FOR AS ACDTHRUST

Figure 6: DRAG AND THRUST INTERFACE
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The reference configuration for the polar construction is an unpowered model with
flow-through nacelles. Powered nacelles arz then tested, and the incremental exhaust
thrust effects are obtained using the ram pressure ratio of the flow-through nacelles
2as a base. These results are shown schematically on Figure 7 . The nacelles may be
either the “blown" type or the fully powered engine simulator type shown on Figure 8.
If blowa nacelles are used, additional tests are required to determine the effect of
mass flow on the inlet drag, which is assumed to be independent of the exhaust flow
conditions. The engine simulator combines the inlet and exhaust thrust effects into
one setup and wore correctly simulates the boundary layer characteristics between the
wing and nacelle, A detailed description of testing with these smali, high speed
turbines is »vailable in Reference 17.
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Force accounting using this logic is summarized on Fiqure 9 which shows how the
unpowered wind tunnel model and the uninstalled engine data are modified to provide
full scale performance predictions in accordance with results from wind tunnel tests
described above. Where the variation of thrust level is not a pnwerful factor in the
drag level at a given Mach number, as is the case with most of today's transports,
corrections for thrust can be synthesized into the forcr data so that slightly modified
drag rise characteristics are developed, i.e., ACDTHRUST is treated as a function only

of Mach number. However, if there are significant thrust effects on drag, 'ift, and
other forces at a given Mach number, the eventual data presentation is a series of
curves as shown on Figure 10, Other components of the force data are also impacted
by thrust effects and are presented as shown on Fiqure 11 .
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There are several advantages to the zbove w2thod for buokkeeping thrust and dra?.
With regard to the engine data, the method minimizes changes to the performance devel-
oped by the engine manufacturer, p-incipally translating the data to the airplane
installed nacelle configuration. [he method puts the responsibility for designing to
ninimize thrust interference effects on *he aerodynamicist, where it belongs; and it
retains a large degree of flexibility for performance calculations in the initfal
design stages when the engine type, size, and location is in a study phase and the
degree of thrust accountability is only vaguely known.

The above paragraphs offer a status review of the tonic of drag prediction methods.
These methods have been well documented and are being applied intensively. What is not
easily available is an index to the success of these predictions. The answer to this
question is a highly qualified one, and since it may perhaps involve a lege! as well
as a technical concern, the da*a is understandably hard to come by. However, there are
occasional press reports of technical problems in military or commercial aircraft which
quote large deficiencies in rence or speed. The claimed performance of the sales bro-
chures is not always verifieu when actual operating performance becomes known, There
is little argument with the conclusion that continued effort ani better results for
drag prediction is desirable. However, the question is not confined to 1ift and drag,
since the ultimate deficiency is measured in range, altitude, or speed. This brings
the engine performance and technical definition clearly into the equation, and leads
to a logical discussion in the next section of performance assessment in flight.

FLIGHT TEST PERFORMANCE MEASUREMENTS

.

in the end result, the measure of drag estimation is reflected in the performance
of the aircraft rather than by agreement with predicted coeftficients. The operator
observes directly the range, speed, or similar items for which he has particular re-
quirements. The L/D of the aircraft is not normally listed in a management summary of
the aircraft when : competi.ive evaluation is being made; ncr is it an item for which
a direct reading is acquired in flight testing. Instead, the sbserved items consist
of terms such as airspeed, fuel flow, and engine param.ters. It is interesting to look
at the basic data acquired by Charles Lindbergh in his flight testing of the Spirit of
St. Louis, 1n preparation for the first nonstop airplane flight between the continents
of America and Europe. Basic data upon which his flight was predicted (Reference 18)
is illustrated in Figure 12,
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Figure 12: FLIGHT TEST DATA ("SPRIT OF ST. LOUIS™)

Lindber?h was not concerned so much with the drl? polar as with the miles per
pound of fuel, the speed at which the optimum fuel mileage would occur, the engine rpm
for these corditions, and of course the total fuel available. Test data were obtained
during “acceptance” flights in San Diego and the transcontinental “"proving" flights to
New York City. The fact that the performance confirmed the designer's estimates estab-
lished confidence for his solo flight acruss the Atlantic, The record fliight perform-
ance comfortably exceeded the predictions (the airplane landed with 85 gallons of
grsoline remaining out of the original 45D gallons, enough fuel to have flown another
thousand miles).
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A major purpose of the predictive drag polar is its function in the developrent
of airplane performaiice cCharts over a wide range of flight conditions. In discussing
the accuracy with which such predictions can be made, a number of qualifications must
be described. For this part of the discussion, let it be assumed that the time and
activity span commences with the date of first flight and ends with airworthiness
certificatior of the airplane. The technical p:oblem is clear - the configuration is
defined and built, the engineering staff presumaktly has the full knowledge of the
impact on performance of all the configuration ciianges which have been made, and (at
least within the aircraft company), therefore the compliance to be measured refers
to a carefully developed pre-.iction.

Signiti<sant events which take place in this time period are shown on Fijure 13 .
R typical flight test program for a new commercial transport in the United States
covers a period of nine to ten months, involving four to five aircraf: with a total
test time of about 1500 flight hcurs. The initial test period of four Lo five munths
ailows for basic data ac~.isition on the various systems {includiig the power plant),
plus enough performance data to know whether the airplane and its systems are operating
cluse to orefar cff from predictions, and whether these misses are positive or nega-
tive. n a successful program, enyugh favorable signals on the aircraft are acquired,
including substantiation of structural integrity and handling quaiity criteria, to
proceed with the rigorous certification pro?ram under the auspices of the government
airworthiness ajency. Meanwhile, additioral aircraft are coming down the procuction
line at an acceierating rate. Any changes found necescary in the test airplanes must
be incorporated in the certified configuration and in all the production aircrcft. At
the time of certificatfon, as many as 25 "o 30 airplanes may be in final assembly o
on the field waiting for delivery. This is not the time period when the aerodynamicict
{s writing a comprehensive paper on comparisons tetween flight test and wind turnsl
predictions!
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Figure 13: FLIGHT TEST PROGRAM MILESTONES

FLIGHT TEST MEASUREMENT ACCURACY

The perfnrmance testing for which the basic engine and airframe characteristics
are defin2d consist of about 70 to 80 hours of flight time, usually concentrated on
one afrpian2 and a selected set of calibrate:! enqines. About two-thirds of this time
is devoteo to cruise performance, and the remainder on the takaoff and landing config-
uration. These data will be used to modify estimated data alicady publishad in the
operator's flight handbook and to establish levels used in showing compliance with
guarantees, and to provide assurance of climbout and approach performance for certifi-
cation purposes. To achieve maximum accuracy, a limited amount of carefully flown
test data is acqu.red for flight conditions considered most representative or critical,
These test data are then expanded analytically to cover the entire range of conditions
for which the airplane is to be used. It is impossible in this limited time period to
obtain meaningful flight test trends over a sufficient range of variables such as
Reynolds number, altitude, weight, airplane c.q., etc., as the sole source of informa-
tion from which to provide corrective trends. Therefore, wind tunnel data and theory
are used to modify and normalize the flight data. This is necessary because in some
cases of testing to establish trends, the experimantal scatter with limited data is
large enough to obscure the trend, and there is dubious validity to a literal fairing
of such data.
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Boeing experience shows that flight testing has been unrewarding when it invoives
items such as trim drag and Revnolds number which are predicted by the wind tunnel or
theory to have a small slope. 2est results are obtained by identifying the normal
operating conditions, testing under these conditions, and then reproducing these ob-
servations into the flight handbook charts with a minimum of correction. Some spot
checking of extremes in the cperatiny envelope is necessary in order to provide the
widest range of observations, to insure that "flat" trends in the normal operating
environment are innocuous, and to prepare for later development of the aircraft into
areas originally thought unlikely,

Any generalized statement that the flight test has confirmed the drag prediction
within ( ) percent needs qualification to be technically meaningful; furthermore, to
offer evidence as to the degree with which one or two elements of the drag estimation
process agree with predictions must be considered within the context of the total air-
plane/engine performance re.ults. Such an aralysis must also develop an estimate of
drag on each element of the configuration and provide an assessment of all portions of
the ae-odynamic terms entering into the construction of the dragq polar.

It is believed that the following accurucies in measurement important to he defi-
nition of performance ov several variables can be achieved:

Table 1: FLIGHT TEST MEASUREMENT ACCLRACIES

MEASUREMENT ERROR
DATA SOURCE Miles/Lb Thrust

® One Flight +1.5% +2.0%
® Several vlights +1.0% +1.5%
® Several Airplanes 0.5 to 1.0% t1.0%

T>e results of tests on five separate Boeing 747's are shown on Figure 14 . It
can be =2en that the raximum deviation of data from faired curves on a given airplane
is % . and that the majority of test points fall within 0.5% of the faired curves.
In comparison, Aata acquired in 1562 for the 707 are shown on Figure 15, and show a
scatter of % F% for a given airplane.
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Figure [4: BOEING 747 FLIGHT TEST DATA Figure [5: BOEING 707 FLIGHT TEST DATA

These data show the progress which has been achieved in measurement accuracy due
to the introduction of better recording instrumentation, new techniques for onboard
computing and analysis, improved calculation processes, and the use o  the inertial
navigator and autopilot for improved steady state fligini test conditions.

In addition to these conclusions, i* is believed that, by extensive testing of
calibrated engines and flight nuzzles, the engine performance as measured in a test
cell uiing the engine manufacturer's inlet and nozzle can be "tracked" to the in-
stalled ¢light test performance with an accuracy of % 1% of thrust and fuel flow
using level, steady flight techniques.
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METHODS OF PERFORMANCE TESTING

Flight test performance measurements may be-obtained from steady-state, level
flight recordings in whi:h stabilized levels of thrust, fuel flow, airplane speed and
altitude, and other variables are obtained; or by non-steady maneuvers which rely more
‘heavily on measurements of longitudinal and normal acceleration and angle of attack
to compute 1ift and drag. Both methods require the determination of thrust from
engine parameters. The steady-state procedure is more time consuming, but it produces
the greatest accuracy (least scatter) and most correctly simulates the actual operat-
ing conditions of a long range transport. This method develops the best data to
correlat: predictions from wind tunnel 1ift/drag polars and establishes a solid basis
for resolving the basic range parameter - miles per pound - into the components of
airframe drag and engine thrust/fuel flow. On the other hand, a qreater volume of
1ift/drag data can ke acquired from acceleration or deceleration tests, or in care-
fully flown wind-up turns or roller coaster maneuvers. These data provide « statisti-
cal quantity which tends to offset the slightly greater inaccuracy of a given point.
The non-steady marstuvers may be used to supplement steady state base points in some
cases, or can be used s incremental data from the baseline conditions, and thereby
afficiently fi11 in the ¢rid of 1ift/drag characteristics. This is particularly true
early in a flight test program where it is desirable to establish firmly and confi-
dently the engine and a’rframe performance, but where this item is only one of many
essential tests competing for priority.

Whatever method or combinations of methods employed, it is mandatory that the
inflight, installed engine performance be determined and reconciled with the engine
manufacturer's data, and with the drag polar established for the airplane. This may
seem so obvious and elementary that it need not be mentioned; but when it is necessary
to commit to and verify guaranteed performance to levels within 5%, a one or two
percent vagueness in specific fuel consumption or drag is intolerable. Ffurthermore,
as a production program matures, and later improved versions of the engine are made
available, the proof of ~~= or two percent gains in s.f.c. must be measured in flight
test. This requirement rur careful resolution of fuel mileage data emphasizes the
value of steady tests in the cruise configuration, since these tests provide the best
concurrent measurement of drag and fuel flow.

The accuracy of representative performance data from Boeing steady-state tests
was summarized on Table 1 and in Figure 14 ., An example of data acquired on the
B737 airplane by the non-steady acceleration technique is shown on Figure 16 . A com-
prehensive description of these methods appliec to a Grumman F-14 fighter was recently
presented [Reference 14) and this paper suggested that the following accuracies on
thrust (drag) have been achieved:

Type of Testing Data Scatter-Orag Definition
® Steady State Level Flight £1% (concurs with Boeing experience)
® Quasi-steady % 4% subsonic, 2% M = 2.0
® Oynamic +4% subsonic, 2% M= 2.0

® FLIGHT TESTSON D737 4

® FLAPS 5° °
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[ ]
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Figure 16: COMPARISON OF FLIGHT TEST TECHNIQUES
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In order to achieve this level of accuracy and minimum random data scatter, the
flight test technique at The 8oeing Company requires orboard real-time monitoring of
the data. Sensitive instrumentation of engine and airframe parameters is required.

A trailing cone is used for the reference static pressure, which is recorded on a quick
developing direct readout oscillograph along with airspeed, total air temperature, and
?round speed from the Inertial Navigation System (INS). Tests are flown at several
evels of weight and altitude (W/§) with the pilot adjusting the thrust to an estimated
level for the condition, and holding altitude with the autopilot. Both the pilot and
the engineers monitor critical items such as speed, acceleration, or engine parameters. e
Data samples are taken during the test condition. A successful test including stab-
ilized fuel flow readings is held "on condition" for about five minutes, Several
sample calculations of C| and Cp are made, providing confidence that the eventual
final reduced data will he satisfactory. A recent improvement to data reduction has
been to utilize the INS ground speed as the source of the energy correction rather
than the true airspeed. In this manner, acceierations caused by changes in the
velocity of the air mass are accounted for.

These tests are perfzrmed early in the flight test program, and as mentioned
previously are used to support guarantee compliance or for airworthiness certification.
At times these comprehensive tests are supplemented by additional flights on later pro-
duction models. A recent description of DC-10 flight testing of this nature was pud-
lished in Reference 19 and is partially quoted below:

"...before production deliveries begin, all airlines fly one aircraft to check
cruise per ormance at a number of points (altitude and speed) selected by the carrier.

“IK-NZL had a ramp weight of 208,480 kg (459,700 pounds) for its performance
flight. The takeoff-center of gravity was at 25 percent chord. Usable fuel was 63,000
kg {138,915 pounds). Zero fuel weight for the flight was 66,000 kg (147,700 pounds).
8ecause the aircraft was empty, except for a small instrument package and several
temporary seats for the flight observers, a large amount of ballast, weighing 28,200
kg (62,181 pounds) had to be carried in the hold to bring the weight to a high W/delta
value. :

"The points to be checked on the ANZ DC-10 were as follows:
Altitude (Ft) Mach N¢. W/delta (Millions)

® 33,000 0.82 1.2
0.83
0.84

© 35,000 0.82 1.8
0.83
0.84

® 37,000 0.82 .9
0.83
0.84

"The afrcraft sailed easily up to the test altitude out of Long Beach, California,
with the characteristic smoothness and low noise level of the wide-bodied jets, to
look for the smooth air that is essential for accurate plots. With the correct alti-
tude and Mach number reading on the normal flight instruments, the aircraft was placed
in the hands of the autopilot for a straight and level run lasting for a minimum of
three minutes for each run. The small ontcard digital recorder was activated fcr each
run. The package had a 125-channel capacity but only a fraction was used to record
the full data required, including Ny rpm and f =1 flow on all three engines, plus
altitude, airspeed and afir temperatures., Ulata duction is performed on the ground
in Long Beach in the elaborate computer facility uilt for 0C-10 flight test, where
results zan be rapidly machine-processed for exar nation on large cathode ray tube
displays. As a double check on fuel usage, the fu. tanks are dipped for their con-
tents after the flight is over.

"Flying the nine points as tabled was predicted to take about four hours..."

DRAG REDUCTION AND PERFORMANCE IMPROVEMENT

Almost every airplane proqram is subjected, in respective order, to three major
drives: weight reduction, drag “clean-up", and cost reduction. In addition, there
of course is a program for obtaining more thrust and less fuel flow from the engine.

The iritiation of these improvements suggests that most manufacturers instill an
optimistic and positive approach into their engineering staffs. 1In any event, the
weight reduction program is initiated during the final staqes of Cesign and initial
assembly, at a time when it is obvious as to the first airplane's weight status. The
drag clean-up starts shortly after the performance flight tests produce data in which
all of the answers or range appear to be on the low side of the prediction. The cost
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reduction program is initiated when the corrective action from the weight and drag
reduction programs become apparent. The drag clean-up may be inspired by a failure
to meet predicted performance levels (regard?ess of the engine performance) or by a
deinand to improve performance in order to achieve further competitive advantaaes.

A listing of 1tems which are normally inspected and sometimes modified in a
clean-up campaign are:

®Seals - Leading edge deovices
- Controls
- Landing gear doors

®Skin Joints - Steps, chamfering, gaps

®Rivets - Properly instzlled in critical areas

®"Holes" - Correct manufacture and operation of valves, inlets, exhausts,
vents, etc.

®Rigging - A1l movable surfaces checked, especially on the wing

®Faired

Surfaces - Nacelle struts, wing-body joints, stabilizer "elephant ears"

These items, if not designed or installed correctly, can easily account for a
degradaziion of 5% of the airplane drag. Large losses can occur in critical areas such
as the +ving leading edge, where all movable devices must be carefully faired and sealed.
Pumping of air through wing, body, an: empeninage cavities can also cause measurable
losses. .

Not 1isted above was the propulsian system, which includes the inlet, thrust re-
verser, and sound suppressor. Experience has siiwn that losses due to leakage through
seals in these systems, or by poor madel sczie measurement of drag around the nacelle
afterbody, can cause significant errors in pr<diction of airplane profile drag or drag
rise. For instacce, on the 707 Intercontinental airplanes with the P&W JT4A or JT3C
engines, a major effort was expended to measure the drag in flioht tests on several
configurations of the sound suppressor/ihrust reverser. The basic propuision pod drag
without SS/TR devices had been well established by analysis of the military KC-135 air-
plane performance. It was determined that the 707 drag could be improved by as much
as 3% by covering and sealing the reverser cascades, and that improvements in the
tubular sound suppressor could offer another 1.5% drag reduction. In a later finvesti-
gation, modification of the fuselage contours above and aft of the pilct's windows,
and improvement of the air conditioning inlet and exhaust controls, were tested.

These items were thought to afforc a potential ¢f one to three percent reduction in
drag, but it proved difficult to record significant differences consistently, and it
was concluded that tue changes would be of relatively small benefit and could only be
made at considerable cost. An improved scheduling of the inlet and exhaust controls
for the air conditioning system was developed.

In cases where a drag clean-up of relatively minor items is unnecessary or of
minimum benefit, more major configuration changes of benefit to cruise L/D can be
applied to the aircraft. These are sometimes incorporated into a model improvement
program. Some examples of these changes as applied to commercial transports include:

®Revised wing tips
®Revised wing leading edges
®Revised nacelle or nacelle strut lines

This type of modification usually ccmes after the initial design is well under-
stood and in some cases when a new set of goals for the design is established. Re-
sponse to these opportunities by such mcdifications has allowed the originail aircraft
to grow in performance capability and thereby achieve a level of efficiency far sur-
passing the original point designs.

A brief look at the history of the range performance levels ¢n the 707 and 0C-8
series of aircraft is interesting in this ragard. These models furnished the first
major competitive efforts in the long range subsonic jet class; the original versions
barely met the goal of transatlantic operation. With help from the engire manufac-
turers, and with aerodynamic development, these aircraft rather guickly met demands
for range and payload satisfactory for nonstop operation between the U.S. and the
Orient, and from interior Europe to the U.S. West Coast. A comparison of the range
factor levels achieved by these series is shown on Figure 17 , derived from published
airline data, company technical papers, and news releases such as that in References 20
and 21, The total improvement from the initial 707-120 nodel to the zurrent 707-3208B
Advanced model is 35%, of which approximately 19% was due to changes to the engine and
the remainder, 16%, is credited to the airframe. Likewise, ¢n the 0C-8, a gain of about
20% in aerodynamic efficiency between the initial and final series aircraft can be
attributed to aerodynamic changes.
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Figure [7: PRODUCT DEVELOPMENT

Coafiguration changes are alsc developed in flight tests in order to correct aero-
dynamic characteristics affecting stability, control, or buffet limits. These changes
For example, the use of

may bring an accompanying drag reduction as a side benefit.
vortex generators to eliminate a premature localized separation due to boundary.layer

thickenin? in either subcritical or supercritical flow conditions may result in a lower
drag level and/or a higher airplane critical Mach number as well as improved buffeting
or stability characteristics.

In summary, drag improvement 2fforts on long range subsonic afrcraft can offer
potenti « benefits as follows:

@ Cleanup 5%

®Propulsion installation changes, including struts, sound
suppressor, and thrust reverser and nacelle lines —— ———— 5%
®Wing leading edge and tip 105
3%

@ Miscellaneous - cab contours, fairings, body changes

FLOW DIAGNOSTIC STUDIES IN FLIGHT

Flow diagnostic studies . ay an important role in the determination of flow con-
ditions in localized areas on the airplane, and in understanding the fundamentz) aero-
dynamic properties of the airplzne. If problems are believed to exist, the objectives
of such studies are to examine the flow conditions at certain critical points of the
airplane, identify prcLiem areas where improvements< can be made, and then to evaluate
the effec.iveness of fixes or refinements designed to resnlve the problems., The flow
diagnostic studies are also useful for checking the validity of theoretical or experi-
mental drag prediction methods which, ‘n turn, benefits the design of future airplanes.

The techniques of in-flight flow diagnostic work are similar to those used in the
wind tunnel, Thesz include surface static pressure surveys and wake or boundary layer

total pressure surveys as well as flow visualization,.

Static pressure surveys are often made with 3 multi-tube plastic belt which is
temporarily attached to the airframe by an adhesive. This approach eliminates the
necessity of making pressure taps in the airframe, which is not only expensive and
undesirable, but simply inadmissible in some areas (such as the spar box). Total

pressure surveys are performed with the aid of fixed pito! rakes or remote controlled
Flow visualization is most often done by tufts, but other

traversing pitot probes.
tecaniques based on dye injection, or sublimation, have also been successfully applied.

The Boeing Company has developed a new and unique precision flow measuring instru-
ment for dragnostic studies on afrcraft in flight (References 22 and 23). The Boeing
Airborne Traversing Probe acquires data in two or three dimensional flow fields with
far greater accuracy and detail than possible with conventional fixed probes or pitot

rakes,
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The concept of ‘his in<trument and its three principal modes of operation are
shown in Figure 18 . The probe consists of fcur main components: 1) flow sensors,
2) rotating arm, 3) drive unit, and 4) mounting base. The flow sensors are mounted
on an arm attached to a rotating shaft whose axis is approximately parallel with the
flow direction. Ouring operation the probe travels along a circular arc in a plane
normal to the flow. The probe location relative to the airplane is determined from
the measurement of the angular position of the shaft by a high precision photoelectric
encoder. A single probe with pitot-static and flow direction sensors may be used for
surveying boundary layers and wakes in quasi two dimensional flows such as on wings,
tail surfaces, etc. A multiple probe rake may be usad in three dimensional flows that
are typical at intersections, jet nixin? regions, etc. Several mounting options and
adjustment provisions permit the installation of the instrument at practically any
part of an airplane. A wide variety of sensor systems may be used, which gives a
great versatility to the instrument.

A specific application of the Boeing Airborne Traversing Probe is described in
the next paragraphs. Tnis is a typical example of how flow diagnostic studies may aid
in the verification of drag methodology.

[AREA MOMENTUM SURVEY |

Figure I18: ARBORNE TRAVERSING PROBE CONCEPT AND CONFIGURATIONS

WING SECTION PROFILE DRAG MEASUREMEINTS ON THE BOEING 727

A flight test program was carried out on the Boeing 727 afrplana to determine the
drag characteristics of the outboard wing afrfoil section. The purpose of obtaining
these data was to compare the actual full scale flight drag of a wing section with p e-
dictions extrapolated from wind tunnel data or from theoretical methods. The tests
includé wake, boundary layer and pressure distribition measurements at the 62 percent
semi-span location (see Figure 19 )

Figure 19: TRAVERSING PROBE INSTALLATION ON THE BOEING 727
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The principal results of these tests were the following:

®The section drag characteristics, derived from wake survey data, showed
close resemblance to the complete afirpilane's drag characteristics. The
variation of section drag with C;, for example, was nearly the same as
Co - Cpj = f(C) for the lirplank. Also, the drag divergence points

(M at dcp, = .10) for the afrfoil section and for the airplanc were very

close, altho;sh the airplare’'s drag rise curve had somewhat more creep
(see Figure ). This indicates that the ajrplare's drag characteristics
in this particular case are dominated by the behavior of thc outboard wing.
Thus, using the outboard wing section for checking out the validity of
prediction techniques may be regarded as a viable approach.

@ The measured minimum section profile drag at M = .73 was about 15 percent
higher than predicted from wind tunnel test data for a smgoth airfoil. The
wind tunnel data used in this correlation were also from wake surveys on
the 727 wing. The data were adjusted to fully turbulent flow and extrapol-
ated to flight Reynolds numbers. This quite sizeable difference between
the measured and extrapolated values of Cd.‘" has been attributed to surface

roughness and excrescences on the airplane wing, although the 15 percent
increase in wing section profile drag is larger than traditionally allotted
in sirplane drag estimates. The wing section where this survey was per-
formed was inspected and had numerous steps and bumps due to control devices
and manufacturing tolerances which would account for this local level of
excrescence drag. This is not representative of the entire wing surface.

® Correlations between flight test and predictions based on wind tunnel data
are shown in Figure 21 showing the wing section drag polar at M = .73 and
section drag rise at Cy = .3. The predictions represent the traditional
approach: the 1ift dependent part of the section profile drag, AC4 ,
and compressibility drag increment, ACD" wmeasured in the wind P

tunnel were added to the minimum section profile drag at full scale Reynolds
number. Since the flight test data covering the M = .73 drag polar does not
correspond to a constant Reynolds number, an adjustment of these data fis
necessary to make a valid comparison with wind tunnel results,

This adjustment results in a rotation, i.e., zn opening, of the flight
polar, which now shows clearly lower Acdp values than the prediction from

wind tunnel data. The different polar shapes, however, can be explained

by the relatively thicker boundary layer on the wind tunnel model which
results in an apparent increase of the form drag. This example illustrates
the dependence of the ACD term on Reynolds number,

The correlation between the measured and predicted section drag rise char-
acteristics as shown in Figure 21 {is considered guite good, although the
prediction is somewhat optimistic. There could be several reasons for this,
such as: 1) Reynolds’number effects on ACg4y (rearward shift of transition

on the model with increasing Mach number, more favorable shock/boundary
layer interaction on the model, etc.), 2) increase of excrescence drag with
increasing Mach number, or 3) differences in local loading between the air-
plane and the model due to aeroelastic effects.

DOEING 777 FLIGHT DATA
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Figure 21: FUIGHT VS. PREDICTED SECTION PROFILE DRAG

MEASUREMENT OF SPECIFIC RANGE

In the openfng paragraphs of this sectfon, an emphasis was placed upon the fimpor-
tance of the primary vartables measured in performance, particularly miles per pound
of fuel. Most of the above discussfons have been concerned with drag, an inferred
quantity, and it is usually assumed that accuracy fn the determinatfon of this ftem
{s equfvalent to a corresponding accuracy in range performance. This s only true {f
a conscious effort fs made to “"close the loop" and reduce a given set of data simul-
taneously for both afrframe and engine performance. In this era of specfalists,
attentfon is sometimes focussed on separate, fsolated studies of fnteresting flight
data. This may occur eastly {f the comparfson models for engfne and afrframe are
different, and ifndependent efforts for correlatfon of flight data with "wind tunnel*
or "engine specificatfon" are undertaken. The resolution of total thrust minus drag
and specific range must be a coordinated effort and ts successfully completed only
when both the afrframe and propulstion system performance levels are established,

This process, as pursued by The Boeing Company, fs fllustrated by the diagram
on Figure 22 . The first comparison to be mads fnvolves a look at several ftems -
the specfffc range as measured directly - and also the component elements of afrframe
an{ engine performance. The result of the independent afrframe and engine performance
.nalyses will produce a set of curves which, when re-combfned, will usually offer a
slightly different grid of specific range than obtained dfrectly from the flight data
points. [Iterative adjustments to all of the curve fairings are then applied in order
to arrive at the most acceptable final performance levels.
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WIND TUNNEL TECHNIQUES

The wind tunnel can be considered an analog computer designed to simulate the
flow field about an airplane in free flight. Actually, since many large wind tunnels
are directly connected to a digital computer, such an installation represents a hybrid
computer system, The digital portion of this system controls tunnel conditions and
data acquisition. It also reduces the data and corrects them for imperfections in
simulation of the airplane flow field in the wind tunnel. At the same time, the com-
puter provides a real time display of the test results, a capability which greatly
enhances the decision making process of the aerodynamicist. The reduction of the
data acquired in the tunnel consists of the following three steps:

(1) Processing of the signal output of balances, pressure transducers, thermocouples,
etc., to obtain the true forces and pressures acting at the model.

(2) Correction of the forces measured to account for the di“ferences between the flow
field in the tunn:l and the flow field in free flight.

(3) Extrapolation of the free air model data to the flight regime of the full scale
airplane.

Signa! processing needs no discussion here, although the importance of on-line
data reduction and display is sometimes overlooked. Development testing in the ulti-
mate sense consists of a series of rejections and refinements until either the optimum
design is determined or a time-limited selection is made. 0

With respect to Item (2) above, three types of corrections are required: a)
corrections to account for imperfections of the flow in the test section, b) correc-
tions to account for the effect of the limited size of the test section (tunnel wall
corrections), and, (c) corrections to account for the effects of the model suspension
system (aerodynamic interference, elastic deflections). The first correction includes
the static pressure calibration, tunnel bouyancy, and upflow; the second item includes
the effect of the tunnel velocity profile and tunnel porosity. The third item pre-
sents the more difficult problem, that of identifying and adjusting for the effects
of the model suspension system.

MODEL SUSPENSION EFFECTS

A significant amount of uncertainty of the drag measurements is introduced by the
model suspension system. Some of the more common suspension methods are shown in Fig-
ure 23 . Each of the different mounting systems introduces a different set of upflow
and buoyancy corrections due to its own pressure field and due to obstruction of part
of the wind tunnel cross-section. In addition, viscous drag is generated at the inter-
section between the model and its mounting. At higher Mach numbers the interference
between the model and its mounting system can lead to large errors in the determination
of drag divergence Mach number if appropriate corrections are not applied.
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Figure 23: TYPICAL MODEL SUSPENSION SYSTEMS
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Some special problems require unique mounting systems. For example, a double
sting, if the flow properties at the fuselage aft end have to be investigated, or a
floor-mounted half model for large scale wing-nacelle installation evaluation. A
fzirly recent development is the use of a nlqnetic suspension system. The model fis
held and stabilized by a strong magnetic field without any mechanical connections.
This promising method, however, is still in the developmental stage and has not been
used in afirplane configuration development,

Support system interference effects can be determined by flying various combina-
tioins of model supports and dummy struts with the model upright and inverted (Reference
24). However, there always exists some uncertainty since the support corrections have
to be determined as the small difference between two large numbers. These corrections
may noticeably change both the incompressible polar shape and the compressibility drag
increments.

TRiP STRIP APPLICATION

Due to the large difference in Reynolds number between wind tunnel and flight,
there is a considerable difference in the boundary layer development on the model com-
ponents, thereby creating some obvious variations in aerodynamic forces. Most notice-
able is a change in drag level and a significantly higher maximum 1ift coefficient
achievable in the case of the full scale airplane. While the boundary layer on a large
afrcraft is nearly always fully turbulent, extensive regions of laminar flow may exist
on a wind tunnel model flown at low Reynolds numbers. The size of the laminar flow
regions depend on many factors such as streamwise pressure distribution, the surface
quality of the model and the free stream turbulence in the tunnel flow. Small changes
in any of these items can significantly affect the size of areas with laminar boundary
layey flow, and thus model drag.

Standard practice in the past has been to use a forward trip at 5% to 10% chord
in order to simulate full scale turbulent flow and thereby more confidently adjust the
wind tunnel prufile drag data for Reynolds number. Wing pressure distributions so
obtained matched flight observations and theory, particularly for subcritical flow
conditions. Furthermore, data repeatability is ?reatly improved when the point of
transition is fixed by a forward trip strip on all model components.

The most widely used trip strip consists of a narrow band of carborundum gri¢,
Based on data of Braslow (Reference 25), the grit size should te selected such that
the Reynolds number based on local flow conditions and nominal grit height is greater
than 600. Excessive grit size should be avoided to minimize the drag created by the
trip strip ftself, A trip strip can only be fully effective when it is placed in an
a~ea where the stability of the laminar boundary lzyer is already low enough so that
the perturbations introduced by the trip can trigger transition. This condition is
usually reached when the Reynolds number based on the length between the stagnation
point and the trip location is greater than 1 x 1035, This cordition determines the
most forward trip location.

The spanwise flow component inr the case of tapered swept wings causes the accumu-
lation of boundary layer material towards the wing tip. Under those conditions, the
thickness of the laminar boundary layer can locally be much larger than indicated by
simples two-dimensional boundary layer theory. In fact, the boundary layer can become
thick snough, that a trip sized according to Raference 25 is below the critical rough-
ness and cannot trigger transition., The limited amount of experimental aata available
on this subject suggests an increase in trip size toward the tip of a swept wing as
shown in Figure 28 . The effeciiveness of a trip strip should always be verified by
some flow visualization technique.
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Unlike the turbulent boundary layer, laminar boundary layers can negotiate only
very weak adverse pressure gradients without separation. Therefore, it is essential
that the boundary layer be fully turbulent at the location of shock wave. But on the
other hand, tripping the boundary layer at a forward location will lead to unrealistic-
ally thick boundary layer at the shock which may result in a shift in the shock posi-
tion or in a premature shock induced separation (Reference 26). By properly fixing
the boundary layer transition point on the wind tunnel model, full scale conditions
can be quite closely simulated at the usual wind tunnel Reynolds numbers. The required
location of the trip strip can be predicted theoretically with accentable accuracy by
simulating the boundary layer characteristics at the airfoil trailing edge. A more
expedient and practical approach for determining the location of the trip strip on a
three-dimensional wing is to observe the shock pattern without tripping, and thereby
select the desired location at the chosen test Mach number and angle of attack.

In summary, trip strips are essential for the proper simulation of full scale con-
ditions on a wind tunnel model, but they must be carefully placed, considering the
pressure distribution about the individual components, free stream Hach number, and
the purpose of the test. Flow visualization of the wing upper surface with no trip,
and with an aft trip is desirable for the determination of the extent and intensity
of the shock under varying conditions of Mach number and angle of attack. Visual
inspection of the shock patterns thus nbtained can be a primary guide to the use of
the force and pressure data. Philosophically, the data developed from the wind tunnel
tests for prediction must be synthesized from forward and aft trip results, and this
synthesis encompasses all speeds and 1ift loading conditions. Practicaily, a judgment
must be made from limited and specific sets of data, usually selected to represent the
normal, typical operating conditions.

EXTRAPOLATION OF WIND TUNNEL RESULTS TO THE FULL SCALE AIRPLANES

Several operations are necessary to arrive at the full scale airplane drag using
corrected model data as a starting ooint, (1) The model data must be corrected for
scale effects due to the one or two orders of magnitude difference in Reynolds numbers
between the model and the airplane. (2) The drag of items which cannot be simulated
in model test has to be assessed. These items include surface roughness, excrescences,
leakage and Icsses due to the air conditioning system, (3) The impact of scale effect
on polar shape and drag rise must be decided. (4) Corrections for thrust effects, if
any, must be applied.

Prediction of the full scale airplane drag at high subsonic Mach numbers is pres-
ently based entirely on the wind tunnel measurements of the drag increments due to
compressibility. There is a definite lack of theoretical methods to reliably assess
the drag rise characteristics of a complete airplane configuration, and in particular,
the effects of Reynolds number on the drag rise,

REYNOLDS NUMBER EFFECTS

For most of the transport aircraft now flying, the effects of Reynolds number upon
performance in the cruise configuration has been predicted with a reasonable degree of
accuracy on the basis of low Reynolds number wind tunnel data. The new generation of
supercritical, aft loaded afrfoil sections, however, are more sensitive to scale effects
than earlier 2irfoils. Small changes in boundary la{er displacement thickness can
cause 2 large shift of the wing upper surfuce shock location, affecting both airplane
drag and stability. Thus, more emphasis i« now being placed on high Reynolds number
wind tunnel testing. The development and application of advanced aerodynamic configu-
ration features is difficult to achieve i{ the experiments do not closely simulate full
scale boundary layer conditions.

FLOW DIAGNOSTIC STUDIES IN WIND TUNNEL

The most common of the flow diagnostic type of tests is the measurement of the sur-
face static pressure distributions. This not only gives a very good insight ;nto the
probable behavior «f the model boundary layer flow, but also often permits the integra-
;1on of sta;ic pressure along model components from which the acting pressure drag may

e estimated.

Total pressure surveys, either in the form cf boundary layer measurements on the
surface of the models or in the form of wake surveys downstream of the model, also play
an important role in flow diagnostic work. Several ways of measuring boundary layer
charactertstics are shown in Figure 25 . Because of the relatively thin boundary lay-
ers on wind tunnel model!s, a very high precision is required in measuring the probe
position from the surface. Compactness is another very stringent requirement to elimi-
nate unwanted interference effects due to the survey apparatus. Traversing probes are,
in general, preferable over fixed pitot-rakes because of their greater data resolution
capability and compactness.
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Figure 25: VARIOUS BOUNDARY LAYER SENSING DEVICES

Flow visualization techniques are of two basic kinds, such as surface flow indi-
cators and flow field indicators. The first category includes the varicus evaporation,
011 flox (See Figure 26 ) and tuft techniques, while the second class constitutes the
shadowgraph and Schlieren type of fiow visualization.

A few typical examples of flow diagnostic type wind tunnel tests will be briefly
described in the forthcoming sections.

® MACH NO. =0.84
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Figure 26: FLOW VISUALIZATION - OIL FLOW

FLOW STUDIES ON A JET TRANSPORT CAB

A comprehensive jnvestigation of the flow characteristics around the pilot cab of
contemporary Jjet transports was made in a wind tunnel test using the Boeing 737 model
(Reference 27), The purpose of the study was to broaden the understanding of the
nature of flow perturbances and acsociated drag penalties caused by the conventional
cab designs. It was noped that this knowledge would i1ead to improved cab designs on
future airplanes. The test program included static pressure surveys, boundary layer
surveys and flow visualization beside the standard force balance data. A faired nose
confiquration was also tested after the basic cab for comparison purooses. The static
pressure survey indicated that a sharp negative pressure peak with locally supersonic
flow above M = .75 develops at the side corner post of the windshield, and high posi-
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tive Cp's prevail over a large portion of the windshield and nose cune (see Figure 27).
0i1 flow studies showed that a strong crossflow forms ahead of the windshield which
leads to flow separation and vortex shedding at the side posts of the windshield. The
boundary layer surveys revealed that the momentum thickness was significantly increased
in comparison with the smooth nose in the region affected by the cab, especially in the
vicinity of the vortex trails shedding from the windshield (see Figure 28 ). The force
balance data showed that the drag increment due to the cab was about 1% of the total
drag at M = .7 and about 2.5% of that at M = .85,

On the basis of these results it was recommended that future airplanes should be
designed with smoother cab contours and this inspired the development of the 747 cab,
which represents a considerable improvement over the classical 707 design.
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Figure 27: CAB FLOW STUDY IN WIND TUNNEL
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Figure 28: EFFECT OF CAB FARING OIN THE BOUNDARY LAYER MOMENTUM THICKNESS

WING PROFILE DRAG MEASUREMENTS ON THE BOEING 727

A typical example of flow studies to analyze a wing desigr is demonstrated by
tests of the Boeing 727 model., Measurements included wake traverses at nineteer loca-
tions along the span and supplementary static pressure surveys and flow visualization.
The test setup is shown on Figure 29 . The main objective of the test was to deter-
mine the spanwise varfation of profile drag as represented by the wake momentum loss.
The results then were correlated on the one hand with theoretical calculations to
verify such computation methods and, on the other hand with flight test wake drag
measurements which in turn were intended to check the validity of scaling techniques,
including the estimation of surface roughness and excrescences on the real wing. These
correlations were described in a previous section of this paper.
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ADVANCES IN TECHNIQUES FOR
ANALYTICAL LIFT AND DRAG PREDICTION

The contemporary aerodynamicist has a variety of powerful analysis tools available
to him, which have altered the focus of the aerodynamicist's activity. With the tradi-
tional drag methods, the technical challenge was mainly to estimate the drag of a given
configuration. But the current focus and use of the emerging analytical methods is
more to design the configuration to produce the desired 1ift while controiling the
sources of unnecessary drag. The visibility provided by modern analytical methods
whicn permits the identification and elimination of unnecessary drag sources serves
to 'ncrease the reliability of drag prediction methods. The modern analytical methods
also provide a greatly expanded opportunity for the desiqn of radically new confiqura-
ticni, with increased confidence in the prediction of their drag and with the need for
iess exploratory testing to establish initial feasibility and later design refinement.
In the following discussion, the components of a complete airplane will be considered
in turn: airfoils, wings, and bodies, empennages, racelles, and finally special aspects
of contiguration analysis.

pages 4-25-4-26 are blank
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AIRFOILS

Current practice for the design of subsonic wings typically uses the outboard wing
sec.ion as the basis for the performance characteristics of the complete wing., The
sectional load and isobar pattern of the outboard wing are generally chosen to reflect
known aerodynami~ characteristics of associated two-dimensional airfoil sections. The
outboard upper surface isobar distribution is generally embodied in the wing root region
as well, and serves as a basis for tafloring the wing root geometry. Consequently, the
design of an efficient subsonic wing begins with the development of suitable two-
dimensional airfoil sections.

The design of two-dimensional sections in the recent past was largely based on
the theoretical calculation of their oressure distributions at subcritical Mach numbers,
a capabflity that is now routine with modern computers., Figure 235 shows a typical
calculated result for an advanced, rear-loaded section. The experimental pressures
are shown for comparison. The effect of the boundary layer on the pressures may also
be included in such calculatfons, 21though this was not done for Figure 35 . While
being very accurate at low speeds, these basically linear computational methods cannot
calculate the transonic pressure distribution cf the airfoil at its cruise condition.
Consequently, a design process evolved based on empirical extrapolation of subcritical
potential flow characteristics into tke transonic regime to allow aerodynamicists to
design airfoils posessing good transonic characteristics which could be applied to thne
outboard portion of a wing. However, the transonic 1ift and drag cannot be calculated
directly by this process, since accurate theoretical transonic pressure distributions
are ordinarily not available. Consequently, those needed performance characteristics
are obtained through experimental testing of the sections designed by the theoretical/
empirical approach.
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Figure 35: THEORETICAL PREDICTION OF SUBCRITICAL
PRESSURES ON A TWO-DIMENSIONAL AIRFOIL

Other empirical methods have been devised that are aimed at obtaining a direct
prediction of the transonic potential flow pressure distribution., An example is the
procedure of Sinnott (Rererence 28), Figure 36 shows the predicted transonic press-
ure distribution by a method similar to that of Sinnott, for the same airfoil as on
Figure 35 . It is seen that the method predicts the supersonic region quite accu-
rately, up to the point of shock impingement. Whereas the boundary ?ayer calculation
for the predicted pressures might produce an accurate estimate of skin friction, the
pressure drag &and 1ift components would Le in error by a sizeable amount because of
the error in shock location. Consequently this approach was generally not successful
in eliminating the requirement for extensive experimental testing of two-dimensional
airfoil sections.

The obvious need was for a computational procedure capable of accurately predict-
ing the nonlinear transonic flow about an airfoil section, and there has been extensive
progress in this area {n recent years emanating from the work of many investigators.
Developments have now reached the point where the aerodynamicist can calculate, rather
routinely, the inviscid transonic pressures for an airfoil, albeit at considerable com-
putational expense on a large computor. Figure 37 gives the predicted pressures for
the same airfoil as on Figures 35 and 36 , as calculated by the method of Gara-
bedian and Korn (Reference 29), only one of several currently in use. It is seen that
the agreement between theory and experiment is excellent when proper account is taken

s S i aics o 0




429
of the boundary layer.

It is also apparent that proper representation of the boundary
layer and its interaction with the inviscid flow is essential in the theoretical
analysis. 4

This further capability is still in the developmental stage and cannot yet
be classed as routine.

Nevertheless, 'developmental computations, for the example shown,
predict a drag of 100 counts, whereas the measured drag is 97 counts.

The predicted

drag is composed of skin friction and pressure drag, with the skin friction fcund from
an integral boundary layer solutior scheme with an empirical step thru the shock, and

the pressure drag found by integrating the calculated pressure forces.

As developments
proceed, a routine analytical capability will become available to the aerodyramicist
for reliably predicting the 1ift and drag of new transonic zirfoils, and this will lead
to more rapid exploration for advanced airfoil designs without the need for a compre-
hensive parallel testing program.

Figure 38: EMPIRICAL PREDICTION OF TRANSONIC
PRESSURES ON A TWO-DIMENSIONAL AIRFOIL
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WINGS AND BODIES

With known transonic 1ift and drag characteristics of the airfoil as a base, and
with the rules of simple sweep theory as a moderator, the aerodynamicist can approach
the design of the wing and the estimation of its 1if{ and drag with increased confidence,
One procedure is as follows: the designer begins with the selection of an airfoil sec-
tion that will provide the desired performance, at specified values of sweep and wing
thickness based on simple sweep theory considerations. The subcritical design condition
pressures (i.e., aralagous to those of Figure 35 of the airfoil) are corrected by
simple sweep thescry to become the upper and lower isobar design goals for the wing in
the presence o; the body. The governing assumption is that these subcritical isobars
will develop into the same iransonic pressures that were observed for the basic two-
dimensional airfoil, i.e., analagous to those of Figure 36 , thus reproducing for the
wing the transonic performance observed for the airfoil. Theoretical analysis and
design methods are currently available for the wing-bhody configurations that routinely
produce essentially exact solutions for subsonic inviscid flows, but with the limit
that the supercritical flow regions are not correctly predicted. Figure 38 {fllustrates
the representation provided by a theoretical analysis method typical of those in routine
use, which involve surface distributions of source panels.

TYPICAL MATHEMATIC.\L SURFACE
REPRESENTATION SEGMENT

Figure 38: POTENTIAL FLOW SOURCE PANELS FOR WING~BODY SOLUTION

The first order of business for the aerodynamicist is to tailor the wing's twist,
camber and thickness forms to achieve a good root isobar pattern that blends into the
intended outboard isobar pattern, while producing favorable span loading distribution.
This process usually involves fterative use of the theoretical design and analysis
tools and leads to trades and compromises of various detailed objectives, a prime
underlying objective being to prevent unwanted drag while providing the intended 1lift
at the cruise condition and maximizing structural efficiency.

It should be pointed out that this design produces the shape of the wing at the
1-g load condition, Further steps are r>quired to determine the required jig shape or
for other flight loadings. The same anaiysis methods used to design the wing can be
used to formulate an aerodynamic influence coefficient matrix, which, when coupled to
the structural flexibility matrix, allows determination of the ;g shape. In this way,
the aeroelastic design cycle and the airplane performance can be controlled in a dis-
ciplined framework common to each technical area - performance, structures, and flight
dynamics. The timing of the preliminary design cycle as expressed in Reference 30 can
be considerably compress¢d with today's analytical capabilities.

Figure 39 compares various analytical and experimental results for a 30° sweep
wing and body. Two wing -ections arc shown, one near the side of the body, and one
outboard in the regfion cr infinite yawed wing flow. The experimental pressures are
predicted very well at this subcritical Mach number. The outboard section at this
Mach number is also compared with the subcritical pressures for the base airfoil, after
the simple sweep correction has been applied. It is seen that the wing design process
has duplicated the essential features of the airfoil section on the outboard wing.
Also shown is the experimental result for th. wing at its cruise Mach number and the
experimental result for the two-dimensional airfoil, corrected by simple sweep (Figure

4 , and it is seen that the intended cruise pressure distribution has indeed been
achieved on the wing. Finally, the experimental and analytical span loads for this

wing are given on Figure 41, showing the degree of support the designer receives from
current wing-body analysis methods.




4-31

SECTION A-A SECTION B-B
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The desin~ and 1ift prediction for aircraft intended to cruise in the near-sonic
speed regime pose special problems to the configurator, but can be analyzed by the
aerodynamicist with the same potential flow techniques as were presented above. The
special configuration problems are concerned with satisfying the requirements nf sonic
area ruling, ij.cluding the effect of “ift compensation. These will determine a body
area disiribution that will be consistent with the wing's thickness distribution and
planform. Once the body is specified, the task of the aerodynamicist becomes as rou-
tire as for conventional subsonic transports, that is to determine the wing's twist,
camber and resulting chordwise and spanwise 1ift distribution. Figure 42 1illustrates
the drag rise performance of a wing-body that was analytica'’y designed for near-sonic
speeds.
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Figure 42: PERFORMANCE OF TRANSONIC WING~BODY DESIGNED WITH POTENTIAL FLOW METHODS

Taken together, Figures 39, 40 and 4) are proof that the pressures on a wing and
body, and consequently the 1ift, can be calculated with a high degree of accuracy.
This allows the drag of the wing to be approached anaiytically as well. With the Cp
dray method, the wing drag may be expressed as: p

COwing = ©0p * €Dy * BCDjnterference * 4CDy (3)
where CDD - chmin + ACDp 02
Cp; = induced drag, ( '_iLKF_ )

AcDinterference drag due to corner flows in intersection regions

ACDM = drag rise effect

On a component basis, the profile drag, ch, is made of skin friction and pressure
drag due to the boundary layer. These are both predicted by obtaining a boundary layer
solution on a strip basis for the wing, using the analytical pressures, and applying
the well-known Squire-Young drag formula. The deviation of induced dragq from the ellip-
tic ideal can be calculated from Trefftz plane methods, using theoretical spanwise load
distributions. Fiqure 43 demonstrates that this procedure can accurately provige these
components of the wing drag. The remaining components, A Dinterferencea"d A DM’

must still be provided empirically. Being able to calculate anal,tically the major
portion of the wing drag allows the aerodynamicist to more accurately estimate the
1ift and drag while reducing the dependence on empiricism, a particularlv valuable
capability when dealing with new or unusual configuration for which an experimental
data base may nut be available.

The pressures on the body are provided along with those for the wing by most of
the present potential flow analytical methods. Local body problem arsas such as aft
body closure or upsweep may be evaluated on a pressure gradient criterion, but the
state-of-tne-art cu-rently prohibits bourdary layer calculations for a realistic body
with crossflows ariting from wing and local body effects. Consequently, evaluation
of the total drag of the wing-body combination must still involve the application of
empirical factors, with confirmation by wind tunnel tests.
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Figure 43: ANALYTICAL CALCULATION OF WING DRAG

EMPENNAGES

The design and analysis of the empenn2ge c<an be approached with these same three-
dimensional putential flow analysis methods. The approach fnvolves the theoretical
design of the horizontal tail in the presence of the body, the vertical ta{l and the
wing's downwash field. The objective is to achieve a camber, twist and thickness dis-
tribution that provide an efficient tail loading within the context of preventing
undue drag while providing the required 1ift. Figure 44 shows examples of the twist
distribution for a T-tai) and a low horizontal tail both designed to have the same
spanwise loading (elliptic in this example). It is noticed that an elliptically loaded
tail can be far from flat, and that the twist near the fin or body is of opposite sign,
depending on whether the tail is a T-tail or a low tail.

The analysis techniques used for this design provide pressures on both the vertical
and horizontal tail. The boundary layer can thus be calculated and the skin friction
and pressure drag obtained in a manner similar to that for the wing. Total airplane
induced drag can be calculated from a Trefftz plane analysis. The interference com-
ponent and drag rise component of tail drag must still be obtained by comparisons with
previous designs and the application of empirical factors.
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NACELLES

The remaining principal airplane component to be considered is the power plant
installation. Traditionally nacelles are first optimized in isolatien (axisymmetric
flow) and then installed on an airplane in such a way that interference effects are
minimized. Accordingly we first considered isolated techniques and then installation
effects separately.

Isolated Design

Typically nacelle design is divided into two disciplines. The first encompasses
the inlet and the second the exhaust system (afterbody and plug). The inlet will be
considered first. The inlet must perform well ovar a wide range of mass flows and
Mach numbers; it must provide clean airflow to the engine while preserving good exter-
na! drag characteristics. In recent years, inlet design has been approached in the
same manner as airfoil design. An empirical process has evolved for designing inlet
shapes at subcritical Mach numbers so as to have desirable characteristics at the
cruise Mach number. The ‘nlet wall pressure distribution can be calculated at the
subcritical case and the boundary layer can be predicted. These calculations can
provide an assessment of the external inlet forces for the design airflow condition.

More recently finite difference techniques have been developed which can accurately
predict the inviscid transonic inlet flow. Shock waves are predicted and 10sses can
be integrated to compute the nacelle drag rise. These methods, coupled with a boundary
layer analysis, will soon reduce considerably the amount of isolated wind tunnel test-
ing required.

The exhaust system design is perhaps harder to approach analytically and engineers
have generally relied on an empirical approach. Some success however has been reported
using an axisymmetric method of characteristics for the supersonic jet coupled to a sub-
sonic potential flow analysis exterior to the jet boundary. Generally, however, the
jet flow becomes subsonic and the method of characteristic marching procedure fails, -
Fully transonic jet computer programs are currently under development, using many of
the ideas of the transonic inlet and airfoi® methods, and should provide a valuable
tool for afterbody design.

Installed Design

Many a good isolated nacelle design nas proven less than satisfactory when in-
stalled on a2 wing with a strut. This can be due to shock waves induced by wing, strut
and nacelle interference as well as wing/strut/nacelle flow field effects on nacelle
jet.

A traditional tool for assessing these effects is a cross sectional area plot
encompassing portions of wing, strut, and nacelle. The designer tries to achieve
as smooth an area distribution as possible consistent with the design constraints
(e.g. flutter).

Currently more sophisticated techniques than simple area plots are available to
predict interference effects. This is possible using subsonic three dimensional poten-
tial flow computer programs wherein usually some simplifying assumption is required
regarding the jet boundary. Using such a program, one can examine the influence of the
installation on the inlet pressure distribution as well as pressure loads likely to be
imposed on jet exhaust toundary. These data coupled with previous experience provide
the designer with a good assessment of expected interference effects.

Three dimensional potential flow programs also allow the designer to predict the
effects of the nacelle and strut on the wing load and pressure distributions and pro-
vide an opportunity for designing the wing in the presence of nacelles and struts.
Figure 45 gives an example of the wing twist modification required to preserve the
isolated wing/body span load in the presence of nacelles and struts. The experimental
data confirms that the twist change produced the desired effect.

The ability to predict the subcritical load for the entire geometry allows for
drag improvements that would be difficult to achieve purely on an experimental basis.
For instance, Figure 46 presents the span load for a wing/body with four nacelles and
struts designed for minimum induced drag, which leads to side loading on the struts
and corresponding small spanwise discontinuities in the load distribution on the wing.
Such a design has about 1% less induced drag than an elliptically loaded wing with
unloaded struts while preserving the same 1ift.

A second and distinctly different nacelle integration problem is the close-coupled
installation. This denotes an arrangement where the nacelle produces a major perturba-
tion on the local forces of the configuration. The production B737 nacelle and strut
is an example of this type of inctallation, and the analytic potential flow solution
is a valuable tool for giving the aerodynamicist a picture of the distribution of the
total forces on the configuratior. For example, Figure 47 presents the calculated
velocity vectors for the B737 nacelle strut, in the presence of the nacelle, wing and
body. The flow is seen to be very orderly on the strut, with no large changes in flow
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direction, which would su?gest large local pressure gradien.s. However, Figure 48
shows the analytical prediction of span load for the wing-body and for the complete
configuration, and a 1|r?e effect of the nacelle installation on the wing as indicated.
These figures serve to illustrate that successful integration of a close-coupled
nacelle arrangement can be assisted by these analytical solutions, by giving the aero-
dynamicist details about the flow field that are difficult to achieve experimentally.

The Tocal pr~ssures can be adequately predicted for all these kinds of nacelle
installations, and a good estimate of the 1ift can be made. In principle, 1t is also
possible to calculate the boundary layer for the wing, strut and nacelles, then esti-
mate the skin friction and pressure drag terms and calculate the induced drag, to get
a result similar to that of Figure 43. However, for the nacelles and struts, the
possibility of large crossflows is high, so that the drag is best calculated by hand-
book methods, using the predicted 1ift as a guide for the calculations.

WING-BODY
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Figure 48: ANALYTICAL SPAN LOAD EFFECT OF CLOSE-COUPLED NACELLE

APPLICATION OF THEORETICAL ANALYSIS TO CONFIGURATION DETAILS

The above discussions {1lustrate the manner in which theoretical design methods
are being used to assist in developing a configuration. Emphasis has been placed on
the insight which the current analytical techniques provide into wing design, particu-
larly the chordwise and spanwise loading under cruise conditions. The methods are not
adequate to displace either experimental methods or data banks of historical informa-
tion. However, they can provide valuable support in preventing the occurrence of
unnecessary drag. Two representative examples are giveu:

The first of these examples is the design and analysis of the shape of the pilot
cabin, The exoerimental part of this paper shows that a flat-paned cab with sharp
corners can produce one to two percent additional airplane drag, as compared to a
smoother cab design. While the analytical method cannot predict the drag difference
between the two designs, Figure 49 shows that the analysis process can provide guidance
in the design and selection of a good cab. The figure shows a flat-paned cab to have
high local pressures, sharp gradients, and extensive local supersonic flow. The curved
pane cab is shown by analysis to be considerably more moderate in terms of its pressures.
Intuitively, the curved-panel cab would be preferred from its potential lower drag (and
lower cockpit nofse levels) based on the calculated pressures,

The second example concerns the wing-body intersection, and in particular the wing
roo. l'eading edge fairing into the body. Figure 50 presents the experimental result
of a fairing designed with a three-dimensional potential flow analysis method (Reference
31). The objective of the design was to reduce the wing-body interference by preventing
corner separation, and the analytically designed fairing is seen to prevent this separa-
tion. Again, the analysis cannot predict the drag, but instead can be used to prevent
drag.

In review, the potential flow and boundary layer analysis methods available to the
contemporary aerodynamicist can greatly enhance his ability to design efficient lifting
geomatries. In most cases, the design/analysis process provides information to help
prevent excessive drag, and in some cases. the actual! drag can be calculated,
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Figure 49: POTENTIAL FLOW — PILOT CASIN EVALUATION
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Figure 50: DESIGN OF WING-8ODY INTERSECTION FAIRING

NEAR-TERM DEVELOPMENTS IN LIFT AND DRAG PREDICTION

The limitations of current three-dimensional theoretical analysis methods now in
dafly use restrict their application to Mach numbers that are low enough to exclude
locally supersonic flow, and to oeometries which have negligible crossflows for boun-
dary layer predictions. In the near term, advances in analytical methods pro<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>